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FOREWORD

This final report was prepared by the Aerodynamics Section of the Grumman
Aerospace Corporation, Bethpage, New York for the Flight Mechanics Division,
Air Force Flight Dynamics Laboratory, Wright-Patterson Air Force Base, Chic.
The work was performed under Contract No. F33615-75-C-3073, which was initiated
under Project No. 1476, "Advanced Wing-Body Aerodynamic Analysis and Design."”
Mr. J. Kenneth Johnson (FXM) was the Project Monitor of this contract.

The report consists of three volumes. Volume T, entitled "Deseription of
Analysis Methods and Applications,"” describes the methods used to predict sur-
face pressure distributions and aerodynamic forces on three-dimensional wing-
body combinations at transonic speeds, inecluding viscous effects. Volume I
also contains an extensive set of compariscns befween numerical predictions
and experimental results. Detailed instructions required to use the program
are provided in Volume II, "User's Manual and Code Description." Volume III
was written at Sybucon, Inc., Atlanta, Georgia and contains a complete descrip-
tion of the theory and program that computes the full three-dimensional boundary
layer over the wing. This work was performed by Sybucon under subecontract to
Grumman Aerospace. Although this program cperates independently of the program
described in Volume IT, the input data set required for the full three-dimensional

boundary layer computation is generated by the code documented in Volume IT.

Mr. ¥. Berger was the Program Manager; Dr. W. Mascn and Mr. D. MacKenzie
served as Project Engineers. The work was performed in close cooperation with
the co-guthors from the NASA Ames Research Center, Dr. W. F. Ballhaus and
Ms, J. Frick. Additional contributors to the project included G. Simpers,

4, Vachris, D. Raila, P. Aidala, M. Sturm and A. Bunnell of Grumman, and

Drs, F. R. Bailey and T. Holst of WASA Ames. Moreover, conbributions have been
made by A. Chen of Boeing, Drs. R. Melnik, B. Grossman and G. Volpe of the
Grummsn Research Department and Grumman Consultants Prof. A. Jameson, Prof. J.
Werner and Dr. E. Murman. As noted above, the three-dimensional boundary layer
program was writtén by Or. J. Nash and Dr. R. Seruggs of Sybucon, Ine,
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SECTICN I

ANATYSIS METHODS

1. TINTRODUCTION

This report describes a numerical method of predicting the detailed
pressure distribution and integrated forces and momentg for wing-body combina-
tions at transonic Mach numbers less than one. The resulting computer code
hag been developed with the intent of providing the user with a convenient,
accurate and reliable engineering toci. The basic inviscid prediction method
is the modified transonic small disturbance theory program developed by Ballhaus,
Bailey and Frick (Reference 1). To provide accurate surface pressure predic-
tions on the wing, several additional Ffeatures of the typical transonic flow-
Tield have been inccrporated. These consist of the viscous displacement effect,
local strong viscous interaction at the shock wave foot and at the trailing
edge (including an approximate treatment of local shallow separations ), and
the interaction effect of the fuselage.

The resulting code is a synthesis of the best methcods available at the
initiation of the study, and represents contributicns of a number of different
individuals throughout the ¥. S. and British Aerospace community. The program
has been applied to a large number of cases for which experimental data is
gvailable, and to several examples of extreme geometrie configurations for
which the method will operate successfully, although no data is availsble. The
experience gained during the effort has been used to reduce the complexity of
the program input to a simple practical form, allowing the user to concentrate
on the aerodynamic aspects of the analysis. The program should not be expected
to produce results if there are significant regions of separated flow, and this
fact can be used to determine the limits of the program applicability for any
particular case. Body effects are incorporated into the program by providing
an infinite rectangular cross-section upon which the fuselage slopes are applied.
Suitable modification of these slopes is made via slender body theory to take
into account the transfer of the boundary condition from the fuselage surface
teo the rectangular cross-section boundary condition suppert surface. In addi-
tion, the program is assembled in a modular form that allows for an easy upgrad-
ing as various improved analysis methods become available.

Practical numerical methods for transonic flows became available in the

early seventies, as a result of the ploneering work by Murman and Cole (Reference 2),



who introduced the concept of the "mixed differencing" relaxation method for
the solution of the {transonic small disturbance equation. The standard two-
dimensional analysis program quickly became the Jamescn (Reference 3) circle
plane program, which provides a numerical solution of the full potential equa-
tion over arbitrary airfoil sections. It was soon determined that for airfoils
with a significant degree of aft loading, the effects of the boundary layer had
to be included in order to obtain good agreement with data., Bavitz (Reference b)
produced one cf the first programs that iteratively computed the inviscid and
boundary layer flows until a converged viscous solution was obtained., These
methods all contain some empiricism at the trailing edge to account for the
loeal strong interaction and wake effects, neither of which were included in
the calculations. Recently, Melnik, Chow and Mecad (Reference 5) developed a
theory that explicitly includes these effects., However, the present three-
dimensional method employs an empiricsl model consistent with the earlier two-
dimensional methods. This situation exists, in general, with three-dimensional
methods which, as might be expected, are not developed to the same level of
sophistication as the two-dimensional methods at any particular time.
Three-dimensional transonic flow calculation methods were initially developed
by F, R, Bailey and W, F. Ballhaus at the NASA Ames Research Center, using the
classical transonic small disturbance equations. A three-dimensional method
that solved the full potential egquation was later developed by Jameson (Reference
€) for three-dimensionsl wings, Other programs to predict thres-dimensional
transonic flows have been developed by Hall (Reference 7) and co-workers at the
RAZ, and Schmidt (Reference 8) and co-workers at Dornier in Germany. Experience
with the classical transonic small disturbance theory for wings with moderate
to large sweep indicated that some refinement had to be incorperated into the
small disturbance theory in order to properly simulate swept shock waves. The
first modifications were proposed by Lomax (Reference 9), et al., and it is
this particular equation which has been implemented in the baseline inviscid
code employed in the present method. This inviscid code is also the only avail-
able method which can, at present, simulate relatively general fuselage config-
urations routinely., The code makes use of the embedded grid scheme developed
by Boppe (Reference 10) in order to reduce the execution time and storage reguire-

ments, while retaining maximum accuracy on the surface.



Viscous effects are investigated and accounted for in the present method
through two different approaches. The full viscous-inviscid iteration is
carried out assuming a boundary layer of the infinite swept wing type at each
span station, augmented by local treatments of the strong interaction regions
at the shock foot and trailing edge, and regions with shallow separations. Tn
addition tc this calculation, an entirely new program has been written by Nash
and Scruggs (Reference 11) to compute the fully three-dimensional laminar and,/
or turbulent boundary layer on finite wings. The Nash-Scruggs program is not
fully coupled with the inviseid calculation, however, the inviscid/strip vis-
cous program will autcmaticalily produce the input data set for the 3-D BEL pro-
gram. The resulting 3-D boundary layer prediction iz then tabulated in a form
that allows for the generation of a data deck that could be used to make a
fully 3-D correction to the actual alirfoil ordinates. The only other reported
effort to automatically combine viscous and inviscid flow calculation at tran-
sonic speeds is the work by Schmidt and Hedman (Reference 12), which presents
calculations for conventional airfoils only. Kordulla {(Reference 13) has also
investigated the coupling of a 3-D boundary layer method with the Bailey-Ballhaus
Program.

The present methed is described in a three vcolume repeort. Volume I de-
scribes the theoretical foundation of the various elements of the method and
how they are combined into a gingle computer program. No attempt iz made to
repeat the excellent and detailed theoretical descriptions contained in the
references, Instead, the volume concentrates on providing the user with a
practical overview of the methcds and a working knowledge of those aspects of
the methods which the user can control. Buch aspects are seldom detalled in the
thecretical papers. This volume alsc contains a large number of examples of
the application of the program to a complete range of aircraft configurations.
These include correlations on the F-8 and TACT aircraft. The volume concludes
with gome observations on the general integration of computational aercdynamic
tools into a uniform system with common input and output sets, and an examina-
tion of the potential applications te the design problem using the present
anzlysis program as & baseline method. Volume IT contains the detailed instrue-
tions required for program operabtion, including a review of the output results
and the associated notation/definition.The first part also contains a sample
case which should provide a complete illustraticn of the use of the program.

The second part of this volume contains a description of the actual computer



program in sufficient detail so that a user can learn the code well enough to
make modifications. The three-dimensional boundary layer method is treated

as an independent program and is entirely described in Volume III. That volume
containg both the theoretical description and the user's manual and code

description.



2, INVISCID CALCULATION METHOD

The inviscid transonic flowfield prediction is obtained using the current
version of the small disturbance theory program developed at NASA Ames. This
program has been under constant development for a number of years, as reporied
in a series of publications. The work has now reached a relatively mature
stage of development and forms the basis for the present method, which is in-
tended to be used as a reliable engineering tool. The program was developed
cn the CDC 7600 computer and the structure of the code reflects the requirements
of that particular machine. It can, however, be readily converted to operate
on IBM machines that have an operating system with the VS feature. The Drogram
is big and long running by present engineering standards (although these are
changing rapidly), so that users will require access to moderately advanced com-
puters. Although the detailed machine requirements are discussed in Volume IT,
the user should study the method with these considerations in mind.

The present section is intended to provide the salient features of the
method, along with a candid description of the assumptions and approximaticns
that have been adopted. Recall that transonic small disturbance theory is
valid in a double limit as M, 1, 6§ - 0, where M_ is a freestream Mach number
and § 1s a measure of the disturbance size such as the thickness to chord ratio
of the basic airfoil. Ballhaus (Reference 14) has recently reviewed the 3-D
small disturbance theory in the generszl context of contemporary transonic aero-
dynamics and the review is recommended as an excellent introduction to the
intricacies of the 3-D small disturbance methods.

A modified form of the small disturbance equation (M8D) is included as
the basic option in the code. Its use is recommended for the treatment of flows
about configurations with swept wings (References 9 and 1). The MSD equation,

writien in conservation form, is

[(1—Mf>¢x () mR o2 ek en) a

X

-4 onfe g ] C ], Q)

where @ is the disturbance potential, vy is the ratio of specific heats, and

M, is the freegtream Mach number,



Figure 1 indicates the orientation of the vehicle with respect to the
coordinate system. Note that the program computes the flowfield in the wind
axis system. The parameter "n" that appears as an exponent of the Mach number
in the coefficient of the traditional non-linear transonic term can be used
to improve the small disturbance approximation to the correct shock jump con-
ditions. The value of n = 1.75 hag been found very satisfactery for the cal-
culations performed thus far (n = 2 being the classical value).

The solution of eguation (1) subject to the boundary conditions specified
below is obtained by approximating the terms by finite differences and solving
the resulting set of algebraic equations by successive line overrelaxation
(SLOR) in a computational mesh space.

The wing boundary conditions are applied at the wing reference plane,
which forms a 8lit between mesh lines in the computational space. The linear-
ized boundary condition is modified in order to include a Krupp-type scaling

(Reference 15), which has been found necessary to provide good results:

B, (xy,20) =5k [ 5% (07,20) - o) (o)

The computational mesh is truncated at a distance several wing spans from the
wing, and the potential is specified by the asymptotic farfield formula given
by Klunker (Reference 16). Only that part of the potential due to the aircraft
1ift is specified, the rest of the contributicns being of higher order. Recall
that in three-dimensions, the potential decays as (1/r), while in 2-D, the
potential varies as log (r), where r is the origin of the wing/airfoil
gsystem. This indicates that the asymptotic matching between The numerical
and analytical value of the potential is not as critical in 3-D flows as for
2.0 transonic flows. The trailing vortex sheet extends downstream in the plane
of the wing. Although initially the Trefftz plane problem was solved explicitly
at the downstream boundary, it was found numerically simpler to require ¢X =0
at the downstream boundary. This procedure is automatically eguivalent to the
traditional Trefftz plane boundary condition.

Once the computation is completed, the value of the pressure coefficient

is determined from the standard linearized relationship.

Cp = ~2 ﬁx (3)



The numerical solution scheme devised by Murman and Cole (Reference 2)
is an elegantly simple method that manages to capture the physical character-
istics of a flowfield which containsg regions of both supersonic and subsonic
flow. When the local flow is subsonic and hence, governed by an elliptic par-
tial differential equation locally, central difference finite difference approx-
imations are employed. When the flow is locally supersonie, the locally hyper-
bolic nature of the governing equation is enforced by the use of an upwind
finite difference approximation for the ﬁxx term in the classical transonic
small disturbance theory. Egquation (1) differs from the classical small dig-
turbance equation (CSD) by the addition of the two underlined terms, which come
from the full-potential equation.

These two terms introduce gome additicnal complexity into the finite-
difference algorithm for superscnic regions. For the CSD equation, the x-
coordinate is the axis of the characteristic cone. Thus, upwind differencing
the x derivatives and central differencing the y and z derivatives leads to a
numerical domain of dependence that always includes the mathematical domain of
dependence; consequently, a necessary condition for stability is maintained.
However, for the MBD equation, the characteristic cone axis lies in a direction
that corresponds to the local flow direction. To maintain stabiliity, domains
of dependence requirements are satisfied by proper combinations of central and
upwind differences.

The proper combination of central and upwind differences can be determined
by expressing the principal part of the governing eguation in an intrinsic
coordinate system (Reference 6).

(a5-a) §__ + ® B+ 2P =0 ()

B8 ZZ

where ¢ and a are particle and sound speeds, and g and n are the local stream
and stream-normal directions in the x-y plane. The ﬁxx’ gxy and ny contribu-
tions to § g are upwind differenced and the remaining fterms are central differ-

enced. The terms in eguation (&) can be written, approximately, in the form



(a2~q2)/a2m = 1~M2m - (6+1) M°_ ¢

X

B = 2 8.0, + B, (5)

The mixed central-upwind difference procedure is implemented in the
following way. To begin with, all terms in the equation are centrally differ-
enced, Then a tegt is performed to determine if the flow is supersonic. The
supersonic condition is (approximately) from equation (5), ( )/a
If the flow is supersonic, the following terms are added to the prev1ously

computed central difference approximation to eguatien (1).

bx b, + b.(v s+ (1- -
b (v, e ) v2p v B e s - ]}fﬁj,k o)
Jsk Jdsk
where éxx and & are central difference opera,tors that operate on 5?§J K to
-1 2

i : o= 4 , = A, 3
give ﬂxx and.@xy, §x is an operator such that axAl,J X (Ai,J Al—l,J)’

5 and § are similar forward and backward difference operators in the ¥y

direction; V_ . is a finite-difference zpproximation to l-M - (v+1)Mn Q
Jds
and v = (g) for ¢y,(‘§) zero. Note that the first term in equation (6) is

treated conservatively; the other term, the one involving Qxy’ is not. The
differencing in equation {6) is complicated by the use of the wing planform
transformaticn but can be implemented in a direct manner.

The resulting equations are solved by a line overrelaxabtion scheme that
marches through the flowfield along vertical lines, starting at the upstream
boundary and proceeding to each downstream mesh plane by working outward from
the center line %o the outboard limit of the mesh. The general mathematical
theory of relaxation applied to the goluticn cof partial differential equations
of mixed type in transonic flows has been discussed in some detail by Jameson
in References 17 and 18,

Although the mathematical problem has been fully described zbove, several
additional refinements are introduced in order to obtain a wrapid, practical

and reliable numerical solubtion scheme., These include the choice of meshes,



a numerical trensformation to a coordinate system more closely aligned with
the planform, a proper choice of the overrelaxation factor w, and a leading
edge boundary condition modification via Riegels' Rule* in order to inprove
the accuracy of the solution in regions where the local coordinate system is
not aligned with the leading edge. The next several paragrgphs describe the
purpose, Ilmplementation and use of these refinements in sufficient detail for
the user to gain enough insight and understanding to work with the program.

The choice of computabtional mesh can have an important effect on the
accuracy and cost of the inviscid solution. The program internally generates
a mesh system which has been found to provide a good sclution at reascnable
computing time. However, the user can override the internsl mesh with an in-
put mesh of his own cholce. The program requires two basic mesh systems in
order to obtain the solution using the Boppe (Reference 10) embedded mesh
scheme, An exterior coarse Cartesian mesh is used over most of the computa-
tional domain and an embedded fine mesh is employed in a region very near the
wing surface, where the flow gradients are large and the solution is of the
most interest. The embedded mesh is placed in a coordinate system locally
aligned with the planform.

In general, the exterior mesh should extend about 10 root chords above,
below, fore and aft of the wing. The pregent program allows for & maximum of
20 vertical, 20 spanwise and 30 streamwise stations. At each span station,
at least four streamwise mesh stations should occur on the wing in the crude
grid. This regquirement usually leads to the use of the maximum 30 streamwise
mesh stations. The typical span mesh containg about two-thirds of the megh
within the wing tip, with the tip centered hetween mesh lines and the mesh
widening rapidly as the distance outboard of the wing tip increases. The
vertical mesh is normally placed gymmetrically about the wing plane with the
first mesh points about 10% of the reference chord above and below the wing.
All meshes should vary smoothly. Specifically, the second difference of the

mesh spacings should vary smoothly.

¥  Although the relationship of Riegels' Rule to subsonic small distrubance
theory is well understood (see Reference 19), its use in transonic small
disturbance theory is purely ad hoc at present. Nevertheless, it has been
found to aild in cbtaining the solution for some cases. Numerical studies
have shown that Riegels' Rule virtually eliminates any mesh dependence on

the solution.



The fine mesh is much densger and is confined to a region close teo the
wing. Typically, the mesh extends 1/3 ~ 1/2 chord length upstream and down-
stream of the wing, about 10% of the semispan past the tip and about two chords
above and below the wing. The vertical mesh is symmetrically placed about the
wing with the first mesh points about 1 ~ 2% above and below the surface., The
typical values Tor the inner mesh are 20 vertical, 30 spanwise and 60 stream-
wise stations. The smooth variation of the fine mesh is especially crucial
to the efficient operation of the program. Uneven meshes not only degrade
the accuracy. but also have been found to cause numerical iteration convergence
provlems. These problems can cause the solution to become much more expensive
due to a reduced convergence rate, and in some cases, even cause the sclution
to diverge. It is well known that solutiocns to the small disturbance equations
are dependent on the mesh distribution near the leading edge. In addition,
the exact solution of the equation contains a singularity at the leading edge
and it has been shown that the exact solution of the small disturbance theory
is not & geood approximation tc the full potential equation for a distance of
several nose radii downstream of the leading edge (Reference 20), Hence, the
mesh is usually distributed about the leading edge in a manner that leads to
an incorrect solution of the small disturbance equation, but a better approxi-
mation to the full potential equation. This is typical of small disturbance
solution methodsa.

The proper choice of coordinate system is important in obtaining accurate
nmumerical solutions. In three-dimensional flowg about wing-body combinations,
the choice of a single coordinate system that is appropriate everywhere on the
vehicle ig extremely difficult. In fact, the study of coordinate systems and
the resuliiting numerical mesheg is presently the pacing item in the development
of more advanced inviscid transonic programs. In fact, the latest Jameson/
Caughey (Reference 21) program is significant in that the numerical procedure
is independent of the specified coordinate system, The success of small digturbance
theory in large part is due to the geometric simplification which arises from
the transfer of the boundary condition to a planar coordinate surface. The
Boppe embedded mesh scheme is also important to the success of The numerical
method by allowing a denge mesh to be placed in the regions where it is actually
required. Moreover, a "planform" coordinate system has been employed in the

small disturbance theory by introducing a change of variables, which allows
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for the spanwise variation of the blanform shape. The appropriate mapping

is,

S (xy) =X " %0 V)
X _y (y) - xe_q (¥) (7)

M{y) =y

where Xz _0 (yv) = X o (y) ang Xy (y) = K (y) over the main part of the
planform, allowing for the same number of mesh points to cover the sirfoil

at each span station, yielding a very efficient mesh distribution. A uniform
spanwise distribution of the streamwise mesh about the leading edge is particu-
larly important to eliminate wiggles. There are, however, some regions on the
wing where the £ = 0 and € = 1 lines do not correspond to the leading and
trailing edges. Figure 2 shows the mapping in general, along with the special
areas where the £ = constant lines deviate from lines of constant percent
chord. The main deviation occurs due to the requirement that the mapping
intersect the fuselage side berpendiculariy, This requirement leads to a
departure of the § = 0 line from the leading edge at the wing root juncture.
For gloved configurations, this bending usvally results in a loss of resolu-
tion of the solution in the viecinity of the body. Although the mapping and
meshes are generated internally, the user can input his own mapping. This
would allow for a special concentration of the mesh hegr vhe bedy and glove

in cases where the user wishes to concentrate on the glove results. Leading
edge sweep angles of up to 700 have been treated without difficulty during the
present study.

Another feature of the present method is the use of an artificial time
step in order to ensure a stable numerical scheme, This approach was first
adopted by Jameson (Reference 6) for transonic fiow solutions. The program
assigne a numerical value for the degree of artificial time damping to be
uvsed. The automatically specified value can be overridden by the user if
degired. H1gmﬂeL'melagﬂ“mevwmeoftMe&mmngfmmmy1memm%
stable the iteration procedure, at the expense of a reduced convergence rate.
Thus, the smallest value of damping which allows for stable convergence is
the proper choice. Normally, the automatically specified value is a good com-

promise and it will not have toc he adjusted except in highly wnusual cases.
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The same advice holds for the value of the overrelaxation factor w (always
<2.) which can be tuned for particular cases, but in general, will not

require adjustment. We note that independent values of w and artificial Time

damping (ﬁxt damping) can be specified for each mesh.
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3. VISCOUS CALCULATION METHOD

Viscous-inviscid interaction effects are predicted in the present method
by iterating between the inviscid flow solution obtained in the manner de-
scribed in the previocus section and a boundary layer prediction cbtained by
assuning at each spanwise station that the boundary layer is of the infinite
swept wing type. The resulting displacement thickness is then added to the
airfoil ordinates in order to incorporate the weak interaction effects. The
strong interaction effects, which require speecial treatment, at shock waves,
the trailing edge and for locally shallow flow separations are described in
the next section. In this section, we describe the approach used to obtain
the infinite swept wing boundary layer prediction. A great deal of three-
dimensional boundary layer methodology development work occurred concurrently
with the development of the present program (including the contribution of
Volume III of this report). The method adopted for the gimulation of the
three-dimensional viscous effects consisted of az simple extension to the
method used successfully at Grumman in two-dimensions. Tts avallability
allowed for immediate coupling with the inviscid program. Consideration of
the replacement of this method with other emerging codes, such as the program
contained in Volume III or the latest program by Professor Bradshaw (Reference
22), awaits an extensive assessment of all the new codes as well as a specific
need for such a revision. This need was not demonstrated during the zxtensive
code operation that was conducted during this effort.

The infinite yawed wing coordinate system is shown in Figure 3. This
coordinate system is rotated by the sweep angle A from the ccordinate system
of the inviscid program. These rotated coordinates are dencted by E; v, Z.
Figure 4 shows results computed in the infinite yawed wing coordinated system
and presented in the streamwise direction. The need for an infinite yawed
wing type boundary layer calculation as opposed to a 2-D streamwise strip is
brought out clearly. The computation of the boundary layer in the'E,'E coor-
dinate system can be computed as 2-D only if the flow is laminar and incom-
pressible. This property is called the independence principle and it does not
hold for turbulent boundary layers or compressible laminar boundary layers.
However, it has been found (Reference 23) that for typical trensonic boundary
layers, the laminar boundary layer can be computed agsuming the independence

principle holds without making appreciable errors. This approach has been
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used by Nash and Scruggs (Reference 24} for the computation of the transonic
boundary layer development on the F-8 supercritical wing. It is also Justi-
fied in view of the point transition model, the insensitivity of the turb-
ulent boundary layer development to the details of the laminar-transition
point calculation, and the small region of laminar flow on swept wings. Thus,
the laminar boundary layer is computed in the present program by the method
of Thwaites generalirzed for compressible flow using the inviscid flow normal
to the leading edge. The turbulent boundary layer calculation does require
nmodification in order to simulate the three-dimensional effects. We will use
the modifications suggested by Nash and Tseng (Reference 25) for incompress-
ible flow over an infinite yawed wing. Their analysis method is simiiar to
the Bradshaw (Reference 26) analysis in use at Grumman in that an equation
for the shear stress is solved along with the usual momentum and continuity
equations. The extra equation in the Bradshaw method, as compared with alge-
braic eddy viscosity methods, provides the flexibility that allows the 2-D
program to simulate the 3-D effects,

The modified chordwise method was devised based on the following features
that Nash observed as a result of some numerical experiments for flow over an
infinite yawed wing:

o A 2-D calculation performed in the chordwise (E} direction takes the
effect of pressure gradients on the boundary layer development into
account properly.

o A 2-D calculation performed in the streamline direction would account
for the shear stress direction and magnitude "properly."

By assuming that the shear acts in the loecal inviseid surface streamline

direction throughout the shear layer, Nash has shown that the equation govern-
ing the chordwise component of shear stress is nearly identical to the usual

two-dimensional shear stress equation. If we write the chordwise camponent of

the shear stress as

T~ = cos [tan_l
x

d'mii

].T AT (8)

9]

and assume that % varies slowly in the ¥-direction compared to the shear stress

change, then the equation for the shear stress is identical to the 2-D form,
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with slightly modified forms of the Bradshaw empirical functions, These
approximations are the basis of the medified chordwise method., The incorpor-
ation of this scheme into the 2-D Bradshaw program is straightforward. Equa-
tion (8) leads to the requirement that,at each point on the surface, the shear
stregg vector acts in the same direction all the way through the boundary layer.
This approximation is acceptable for most cases except in the neighborhood of
geparation lines.

The possible compressibility effects were not considered by Nash, In the
general 3-D scheme used for compressible flow over finite wings, Nash and
Scruggs assume that the shear stress equation is unaltered by compressibility
effects. This assumption is used in the equations solved by Nash and Scruggs
in the full 3-D program described in Volume III, 1In the Bradshaw analysis
employed in the 2-D calculation, an additional term arises in the turbulent
kinetic energy egquation due to compressible effects. This term introduces yet
another empirical constant into the scheme. A numerical experiment was made
in which this constant was set to zero (so that the extra compressibility term
was omitted From the calculaticn). For transonic flow speeds, it was found
that this term did not affect the results. Thus, although the term is retained
in the present calculation method without alteration, the basic difference in
the compressiblie tuwrbulent shear stress equations used by Bradshaw and Nash
does not appear in the predicted results at transonic flcow conditions. The
only meodification to the method to take into account 2-D compressible effects
arises in the uge of the Crocco Integral in order to obtain the density varia-
tion. The density appears explicitly in the equations only through the combin-
ation (ap/axi)/p. Employing the Crocco Integral, this combination can be

written as,

2 o~
13 _ r{lﬂ_“’_é_lawaw}(-l}Mmm———M &9
ey T3y fY U 5T (9)

Additional factor due to 3-D flow effects,

For infinite yawed wings, we find no change in the ¥-direction expression

due to 3-D effects., The additional factor in egquation (9) requires a knowledge
of the spanwise flowfield, which the modified chordwise method does not pro-
vide. TPhysically, the effect of neglecting the exftra piece in the Crocco

Integral is to keep the wall from reaching the full adiabatic wall temperature.
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Comparison with & compressible solution shows that the modified chordwise
technique predicts separation (T§a= 0) before the 3-D solution. Recall that
as the wall becomes warner, the separation point moves forward. Hence, it
appears that if the 3-D contribution shown in eguation (9) were included in
the modified chordwise sclution agreement with the 3-D solution would not be
improved. Thus, it appeare that neglecting the 3~-D contribution to the Crocco
Integral is consistent with the cther approximations in the method.

The remaining modification of the 2-D program to simulate 3-D effects
requires the introduction of an effective Reynolds number which is found by
requiring the component of the shear in the';—direction to bear the same rela-
tionship to an effective Reynclds number that the actual shear stress has to
the specified Reynolds number. To find this effective Reynolds number, the
Karman-Schoenherr formula was used so that the Reyneclds number based on mcmen-
tum thickness (which is specified at transition) was used. Compressibility
effects were incorporated although Mach number effects on the value of the
effective Reynolds number were found to be small. Typically, for a Lo° sweep
angle, the effective Reynolds number is about 40% of the actual Reynolds
number.,

Finally, as previously noted, it is important to realize that the solu-
{ion in the spanwisge direction camnot be computed using the modified chord-
wise technique, and some other method must be used to compute this information.
An approximgtion for the spanwise component of shear stress can be cbtained by
making use of the observed features of the viscous flow over an infinite yawed
wing and the chordwise solution. The first important observabion is that the
spanwise flow is basically "flat plate like" in nature since there is no span-
wise pressure gradient (Reference 27). The second observation is that the
spanwise and chordwise momentum thicknesses are roughly equal for the flow
conditions at which the medified chordwise method is useful (Reference 28).
Hence, we can assume that T can be related to GZ by a typical flat plate skin-

frietion formula. Here we pick the Squire-Young formula:

T _ 1 (10)
- = 8 2
(5.89 log,, {4.075 R (=) ]
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where Re is the Reynolds number based on W, and an effective viscosity found
using the same method that Nash proposed for the effective "chordwise viscog-
ity." The resulting values of Ty, are in rough agreement with other more

exact prediction methods,
a. Boundary Layer Transition on Swept Wings

When the wing sweep angle is greater than about 150, transition
occurs due to three-dimensional instabilities basically different than those
which cause transition in two-dimensional flow. Because the 3-D instabilities
cause transition before the 2-D type instabilities are fully developed, tran-
sition criterion based on 2-D flows are of little value in 3-D flows. Adams
(Reference 29) has reviewed the 3-D transition criterion. It appears that
there are basically two parameters of engineering interest. The first para-
meter is used to determine if the boundary layer will be initially turbulent

at the stagnation line and can be written as,

Re”é"

a(v_/u)/al/e) % (11)
£-0

C¥ = tan A sin A

S

where x is measured in the %-direction along the airfoil and s is the total
arc length. If C¥ > L4 x 105, the baundary layer may be turbulent initially.
If C*x > 1.4 x 105, the boundary layer will remain turbulent if tripped.

The second parameter can be uged to predict 3-D transition if the flow

is laminar at the stagnation line. It ig given as,

Sﬁ’max
X = v Re
. 8 (12}
where
> (13)
and V, = Ug + VS - 8 is the local boundary layer thickness. W_, Ls
*max

the maximum crossflow when the boundary layer profile is calculated in the
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stresmline coordinate system. Transition is assumed to occur when Y > Xcrit

=~ 175. In many cases, Xérit is found to occur very near the leading edge.

Attempts to estimate X assuming a Pohlhausen profile for the chordwise
and spanwise velocity distributions led to poor correlation with the sample
case presented by Adams (Reference 29). Because an accurate value of X can
be found only if the crossflow profile is actually computed, transition based
on X has not been included as an option in the basic modified chordwise bound-
ary layer program. It can be computed using the more detailed program

described in Volume IIT,
b. Comparisons with Nash and Tseng Results (Reference 25)

Figures 5 and & show the comparison between the modified chordwise
method results and the fully three-dimensional (incompressible)} predictions
of Nagh and Tseng {Reference 24) for a 35° untapered swept wing with anNACA
651A012 airfoil. This is the case for which the modified chordwise method
was originally developed, and as might be expected, we find excellent agree-
ment, In Figure 5, the displacement thickness sgrees closely with the full
3-D caleulation and the difference in the initial shear stregg development
may be due to the difference in the trangition calculation. Also shown on
the figure is a calculation made assuming a two-dimensional boundary layer
with the same pressure distribution. The 2-D caleculations underpredict both
displacement thickness and shear stress by approximately 6-10%. Figure 6 is
for the same wing alt an increagsed 1lift coefficient. The same conclusions and
trends can be seen for this case. As would be expected, the good agreement
with shear stress becomes poor near the trailing edge. The deltastar predic~
tion remains excellent, however, When the flow approaches separation, the
simulaticn of 3-D effects by the 2-D program becomes peor. This is due to
the fundamental difference between 2-D and 3-D flowfields near separation
lines. However, these results indicate that the growth of the error is con-

fined to regions within 2 or 3% of separation.
¢. Comparison with Experiment and Other Prediction Methods

Figures 7 and 8 provide comparisons with one of the few cases for
which experimental results are available; incompressible flow over a MBO swept
wing with an NACA 631-012 ajirfoil. The dafta is reproduced from NACA TN 2500
{Reference 28). Also included is the prediction of Adams (Reference 29) three-

19



dimensional eddy-viscosity method. Figure 7 presents the zero 1lift case.

The agreement between both prediction methods and the experimental results

are good, with the modified chord method actually better for the deltastar
results. Since no comparisons Ffor skin friction are available, these predic-
tions of the modified chordwise method have not been included. Figure 8 pre-
sents the results for the lifting airfoil case. Also included on this figure
is the prediction of the Bradshaw (Reference 30) incompressible 3-D progranm.
Under these more severe conditions, all the prediction methods underpredict
the dispiacement and momentum thickness. The 3-D Bradshaw and Adams methods
are very nearly identical, while the modified chordwise method lies slightly
below the predictions of the other methods. Agreement with experiment is
better for the momentum thickness than the digplacement thicknegs. The under-
prediction of the displacement thickness by the modified chordwise method com-

rared to the 3-D Bradshaw method is a trend found in al} comparisons to date,
d. Compariscns for a Compressible Flow Case

It appears that no experimental results are available for compress-
ible filow over an infinite swept wing. Thus, Figures 9 and 10 present & com-
parison between & 30O swept wing compressible case given by Adams (Reference
29) and the resultg of the modified chordwise method. No transition location
was specified and some numerical experimentation indicated that a transition
point located at .022c¢c produced the initial conditicns indicated in the results
pregented by Adams, The displacement thickness predictions are in good agree-
ment and the momentum thickness predictions are in excellent agreement. Figure
10 shows the compariscns for the chordwise component of shear stress. Again
we see that the skin frietion prediction detericrates as separation is approached.
Since separation actually occurs, the shear stress results are in worse agree-
ment than in the previous cases. Nevertheless, the separation prediction is
within 3% of the Adams prediction. Again, note that even near separation the
deltastar prediction is in reasocnably c¢lese agreement with Adams. Although
the 300 gweep angle may seem moderate, it 1s typical of the midchord sweep

angles encountered in practice.
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e. Parametric Study of the Effect of Sweep, Including Comparison With

The Bradshaw 3-D Program (Incompressible)

Figures 11 and 12 show the results of a parametric study in which the
zero sweep pressure distribution of the Nash-Tseng airfoil and Reynolds number
were held constant, while the sweep angle A was varied from OO - 600, and
simple sweep theory was used to predict the actual chordwise pressure distri-
bution. Cases were run for both the modified chordwise and 3-D Bradshaw pro-
grams, Figure lla shows the comparison between 3-D and modified cheordwise
programs for a case at zero sweep. At this sweep angle, the modified chord
procedure is reduced to the standard 2-D compressible Bradshaw program. This
shows that the two different programs produce slightly different results,
independent of the modified chordwise procedure. This small difference shows
the typical differences between different numerical implementations of the
same basic theory. Figure 11b shows the displacement thickness distribution
for A = 500. An increage in the difference between the two methods occurs
‘with the modified chord method underpredicting the growth boundary layer.
Because of the good agreement with the Nash 3-D method, these calculations
represent a comparison between the Bradshaw and Nash 3-D methods. The dis-
agreement could be attributed to the difference in the basic assumption in the
methods. Bradshaw allows the shear stress vector to act in a different direc-
tion than the velocity vector's normal gradient. Nash assumes that both act
in the same direction. Thus, we have cbtained a quantitative measure of the
djfference in the results produced by the two different methods.

Figure 12 shows the difference between the modified chord method and the
incompressible Bradshaw 3-D method as a function of the sweep angle for the
infinite yawed wing case of Nash and Tseng (Reference 25). The trends are
the gsame in both cases, while the quantitative difference grows with A as
would be expected. The displacement and momentum thicknesses are consistently
underpredicted by the modified chord methods, as are the shear stresses.

Also, the agreement is worse at the trailing edge and lmproves Torward of this

station. TFor this case, it appears that the two metheds start diverging at

about 500 sweep angie.
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f. Flat Flate Study, Including Compressibility

Figure 13 shows the infinite flat plate results for sweep angles of
1° and MSO. For the 1° sweep case, we see very good agreement between the
2-D and'3—D programs. We can see a large effect on the displacement thick-
ness due to compressibility effects. At MBO sweep, there is a larger differ-
ence (5% at the trailing edge) between the two methods. Although the compress-
ibility effects are still quite large, they are not quite as large as the 2-D
case, The flat plate comparison shows that the shear stress effects on the
boundary layer are only approximately determined in the modified chordwise
method. Boundary layers which develop mainly due to pressure gradient effects
are computed more accurately than those which are dominated by shear stress
effects when the modified chordwise method is used. Fortunately, the boundary

layer development over wings is dominated by the pressure gradient,
g. Compariscon of Spanwise Shear Stress Predictions

The modified chord method was developed to prediet the chordwise
properties of the boundary layer. However, an estimate of the shear stress
in the spanwise direction can be made using equation (10), where GZ is asgumed
to equal to GX, as discussed previously. Figure 14 shows a comparison of this
estimate with the predictions of the detailed computations carried out by
Nash and Tseng (Reference 25). The good agreement is surprising and perhaps
fortuitous. Figure 15 shows the comparison with the results presented by
Adamg (Reference 29). The 30% difference seems to be a more reasonable result
in view of the approximations used in obtaining equation (10). The filled
circles show the results of a more refined equation derived using the same
approximations made in obtaining equation (10). There is little benefit from
the more refined equaticn. Finzlly, note that the spanwise shear stress will

be sensitive to departures from infinite yawed wing conditions.
h. Comments on the Performance of the Method

We have demonstrated that the modified chordwise method produces
good agreement with data and other prediction methods for & large range of
conditions. The correct gualitative results were obtained for all conditions
tested. When assessing the applicability of the method, it appears that four

basic criteria must be examined.
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o Bweep Angle - Regults obtained here indicate that the method pro-
vides accurate predictions for sweep angles of 4O-
45°. Beyond this sweep angle, the predictions
diverge from (but maintain the same trend as) the
predictions of the 3-D Bradshaw program (incompress-
ible).

0 Separaticn - In the present scheme, the boundary layer calcula~
tion terminates when mz-ﬂ 0. The position at which
this occurs is called the chordwise flow separation
line, 8ince the flowfield in this region is fully
three-dimensional, the modified chordwise method
must fail at this point. This breakdown is reflected
in the slightly premature separation prediction
(as much as 3% in the cases studied).

o Compressibility - It appears that for typical transonic Mach numbers
compressibility effects do not affect the perfor-
mance of the method. A lack of experimental data
in this area makes a thorough evaluation impossible.

c Spanwise - The difference between any method based on the

Invigeid Flow

P . . . N
Gradients infinite yawed wing approximation and the actual

boundary layer on a finite wing has not been eval-
vated., The basic parameters are the taper ratio

and aspect ratio with tip and root non-uniformities
of interest also. TFor wings operating near a design
point, where the constant isobar sweep is maintained,
the spanwise gradients are low and the prediction of
the present method can be used with confidence. It
appears that an experimental program that investi-
gates the effects of taper, root and tip non-
uniformities, and off-design pressure fields is
required in order %o assess the impact that neglect-
ing these effects has on the accuracy of the pre-

diction metheods.
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i. Methed of Computaticn

The results presented in this section were computed using pressure
digtributions tabulated in Abbott and von Doenhoff or taken from Adams' paper
(Reference 29) in the compresszible case., The difference between the arc length
and the distance along the chord line X was neglected. The good resulte
obtained in the present seclion serve to validate this approximation which is
consistent with the method developed by Bavitz (Reference 4), For the Nash
and Tseng (Reference 2b) comparisons, the pressure at the trailing edge was
adjusted to aveid flow separation, in the manner indicated in their paper
(Reference 25).

The modified chord turbulent b.l. program starts with a given 8/C and H.
The fully 3-D program starts with 8/C and Cf speecified. The results indicate
that these different starting conditions do not affect the boundary layer
development after a few boundary layer thicknesses downstream of the transi-
tion point. 1In the application of the code to tapered wings, the character-
istic sweep 1s taken to be the sweep of the midchord line. Again, z lack of
experimental data makes the choice of this angle difficult te verify. This
value could be easily changed by the user To the sweep of any percent chord

line.
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4, COUPLING OF THE INVISCID AND VISCOUS CALCULATION METHODS

a. General

The interaction sclution that combines both the outer inviscid flow-
field and the thir visccus shear layer immediately adjacent to the bedy has
been the subject of numerous investigations, virtually all of which have con-
gidered two-dimensional flow. The idea of iteratively computing the potential
flow about a body with an =sdditional displacement surface due to viscous effects
was apparently originated by Prandtl (Reference 31). Although viscous airfoil
methods were continually under study, the development of the aft-icaded air-
Toil designs for efficient transonic flight were found fto demand viscous methcds
in order to predict theoretically, the experimental pressure distributions
accurately. The potential for increased airfoil performance empleying advanced
aerodynamic concepts brought about a renewed and intense interest in the theor-
etical prediction of transonic flows. The development of accurate 2-D bound-
ary layer programs, followed by the breakthrough of Murman and Cole (Reference
2) in inviscid transonic flow predictions, together with the ever increasing
capabilities of computers led to the successful development of the first 2-D
transonic viscous computer programs {References U and 32, for example).

Aft-loaded airfoils produce a rapidly thickening boundary layer on the
upper surface and a thinning boundary layer on the lower surface. The result-
ing highly asymmetrical viscous flowfield acts to reduce the effective aft-
camber associated with the rear-loaded or so-called "supercritical” airfoils.
It is this feature of the flowfield which causes viscous effects to become so
muck more important for aft-loaded airfoils than for conventional sections.
Viscous effects arise in egeveral ways. Figure 16 shows the various regions
where the effects differ in character. Over most of the airfoil, the viscous
effects can be handled by adding the displacement surface to the sirfoil and
recomputing the potential flow, When the inviscid flow 1s being computed by
a small disturbance theory, the digplacement effect is treated by adding the
slope of the displacement thickness to the slope of the airfoil, with the
resulting boundary condition being applied at the axis. For inviscid solutions
that treat the geometry more exactly, either the flow over an equivalent body
must be computed or the flow over the correct geometrical body with a normal
velocity specified at the surface is compubted in order to simulate the source

flow effect that the boundary layer has on the outer inviscid flow. The latter
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method is generally preferred because only a single geometric shape must be
considered. The detailed analysis of displacement effect treatment has been
given by Preston (Reference 33) and Lighthill (Reference 34). The displace-
ment surface effect is a weak interaction, wherein the comparatively small
local displacement effect of the boundary layer and wake, when integrated
over the whole surface, leads to a reduction in 1ift and an increase in the
pregsure drag on the wing.

There are several regions on the airfoil where locally strong interactions
occur. The interaction at the trailing edge is the most important. This is
due to the control that the local solution at the trailing edge has on the
global circulation and therefore 1ift. Naturally, the detailed solution at
the trailing edge depends both on the boundary layer development near the
trailing edge and the viscous wake just aft of the trailing edge. The explicit
computation of the wake and its effect on the trailing edge interaction has
been included in the 2-D viscous predictions by Hall and Firmin (Reference 7)
and more recently, by Melnik, Chow and Mead (Reference 5). Melnik's results
show explicitly the large variations in pressure across the interaction region
near the trailing edge. This type of inviscid pressure distribution was first
obtained by Pinkerton (Reference 35), who reduced the circulation to the mea-
sured value and disregarded the Kutta condition, thereby, obtaining improving
agreement with experimental results. The wake effects can be split into thick-
ness and curvature components. In the present method, the modification of
the surface slope boundary conditions leads to the implicit modeling of the
wake as a constant thickness layer with no curvature and hence, constant
Pressure on the two sides. The wake curvature appears to be the dominate
effect of the wake contribution to the trailing edge interaction. In the
present method, the wake is taken into aceount by the empirical treatment of
the trailing edge problem where the displacement model at the trailing edge
has been developed by corvelation with experimental data.

The viscous region at the foot of the shock-wave is another area of strong
local interaction. As long as the shock-wave is not strong encugh to cause a
massive separation of the boundary layer, this region does not dominate the
overall solution, Often the inviscid solution "smears" ocut the shock jump
due to the lack of resolution which arises due to a coarse mesh (it takes

about 3 mesh points in order to define a shock and a typical mesh point is
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spaced every 2% chord in the three-dimensional methods ). For strong shocks,

a "viscous wedge" can be placed at the foct of the shock in order to model

the strong interaction that occurs due to the thickening of the boundary layer.
We note that in transcnic flows, the direct drag due to the presence of the
shock (wave drag) is usually small compared to the effect of the thickened
boundary layer on the pressure drag.

An additional complicaticn of the 3-D transonic flowfield simlation, in
contrast to the 2-D case,is the typical existence of complex 3-D shock struc-
ture (Rogers and Hall, Reference 36).

Another important aspect of the inleraction solution is the occurrence
of separation on the airfoil. TLocal separation under shock waves appears to
be adequately treated by either the viscous ramp or the simple thickening of
the boundary layer at the foot of the shock, Small regions of upper surface
separaticn can be treated by a simple empirical extrapolation of the displace-
ment surface slope. A similar treatment is employed on the lower surface
when separation occurs in the cove region. Cove separation can be termed g
"shallow" separation, where the region of separation is confined to a very
thin layer such that it can continue to sustain a pressure gradient (and in
fact, this was why it was not noticed on the early supercritical airfoils).
These shallow separations usually do not noticeably degrade the performance of
the airfoil. Although a rational engineering theory is needed for these types
of shallow separations, the empirical treatment employed in the present pro-
gram has proven reliable. The apparent success of the present method rests
on an interesting property of boundary layers on the verge of separation.

It can be readily determined that when a boundary layer is about to separate,
very small changes in the imposed presgure disgtribution lead to large changes
in the displacement thickness. From the other viewpoint, this fact means that
large changes in deltastar result in only minor changes in the pressure distri-
bution. This property is largely responsible for the success of the transonic
viscous flow codes, and should be exploited whenever possible. Although a
rational engineering theory is needed for these types of shallow separations,
the empirical treatment has proven acceptable in the present program. There

is a regime between the shallow separations that can betreated in the

present method and masgive "constant pressure" separation calculation methods

reported recently by Maskew and Dvorak (Reference 37) and Milgram (Reference 38)
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for incompressible flows, where a more realistic flowfield model for separated
flows will have to be incorporated in order to make reliable predictions.

For more extensive discussion of the physics of transonic viscous-
inviseid interactions, the reader is directed to the excellent reviews by
Green (Reference 39) and Pearcy {Reference 40), et al.

There have been very few investigations of transonic vigcous-inviscid
interactionson finite wings. One of the reasons for this is that fully three-
dimensional boundary layer calculation methods have only recently become available
(Reference 11, 41). An interesting initial examination has been reported by Piers,
Schipholt and van den Berg (Reference 42) for subsonic flow. Hedman (Reference
12) has reported an interaction method which treats the weak displacement
effects, while Kordulla {Reference 13) has also used the Bailey-Ballhaus invis-
cid program to investigabte the effects of viscous-invisecid interactions in
transcnic flow, The present work describes the first unified approach to an
ezsy to use and reliable engineering tocl.

The detailed implementation of the present viscous interaction scheme
can be described as follows. PFirst, the character of the inviscid solution
must be established. This can be done by either starting from a previously
saved solution, cr by running a number of inviscid cycles less than the num-
ber required for a converged solution. It has been found toc be more economi-
cal to recompube the boundary layer effect every forly or fifty inviscid cycles
rather than to reconverge the solution completely before each boundary layer
addition. In this marnnmer, the number of inviscid cycles required for a vie-
cous solution can be held to less than twice the number of cycles for an invis-
cid solution, and more typically about 1-1/2 times the basic number of itera-
tiong required for an inviscid solution.

Starting from the Inviscid solution, the boundary layer is computed at
egch spanwise station using the modified chord method described in Section ITT.
The pressure distributions are modified slightly for the boundary layer cal-
culation. Because the small disturbance theory has a singularity at the lead-
ing edge, the pressure at the leading edge was reset to the actual stagnation
pressure. Any pressure computed behind the leading edge above a straight line
between the stagnation value and the tangent to the pressure distribution with
the maximm angle is reset to fall on this line. We note that althcugh the

two-dimensicnal small disturbance theory programs cften produce only a single
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Pressure coefficient that has to be readjusted, the three-dimensional golution
gometimes predicts pressure values above the stagnation value at several mesh
points downstream of the leading edge. In addition, the cove pressure distri-
bution is smoothed several fimes in order to reduce the artificially large
compression of the flow and resulting extreme acceleration near the trailing
edge.

The boundary layer is computed using the midchord sweep at each span
station as the effective sweep angle., Once the boundary layer is computed,
the displacement thickness distribution produced by the boundary layer is
interpolated to the inviscid solution grid. At this point, the displacement
thickness is linearly extrapolated aft of the separation point, and the separs-
tion point is saved for future use. Once the basic displacement surface is
known on the invisgeid grid, the trailing edge interaction effects are
treated by linearly extrapolating the slope of the displacement thickness from
a prescribed point siightly upstream of the trailing edge, to the trailing
edge. Tt has been found that an extrapolation from about 96% or $7% of the
chord is appropriate for many airfoils, This factor can vary slightly between
airfoil sections and its loecation is available as an input for the user to
adjust 1f he desires. No extrapolation is required on the lower surface of
supercritical airfoils. The wing surface slope boundary conditions used in

the inviscid solution are altered by use of the relaxation formula:

K
. - & s {w ag® + (1) as¥®t

input dxgeometric dx (14)

&

where k denotes the iteration number and « is the relaxation factor. Typically,
w ig specified as .5, although for a particular case its optimum value may be
slightly higher or lower. This procedure forms the basis of the viscous inter-
action procedure. It has been found beneficizl to introduce several spanwise
smoothings at the trailing edge in order to avoid abrupt changes in the span-
wise boundary condition. This is especially important if separation is present,
as described below. IExamples of the attached flow results are shown in Figure
17 for the 2-D case of a supercritical airfoil for which data ig available

and the ONERA M6 wing. Note that for attached flow, the viscous effects are

small for conventional sections.
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The basic parameters that the user can adjust for a particular case
include the number of inviscid cycles between boundary layer corrections, the
relaxaticn factor, and the extrapolation locaticn for the deltastar slope.
This permits freedom to tune the method for a particular case. Along these
lines, it is interesting to quote the recent paper by Rose and Seginer (Refer-
ence L3), who discuss the computing time and manhours required to obtain tran-

sonic viscous sclubtions:

"Probably the hardest to estimate and least talked about
machine times are those spent before the final, acceptable
solutions are obtained. It has been our experience that from
4 to 10 times more machine time is used to cobtain the final

solution (than the actual computing time of a single case)."

Considerably less than 4 to 10 times the basic run time should be used in
cbtaining results with the present code. Nevertheless, some adjustments of the
parameters may be reguired and the user should not be naive about the typical
results published by the research community.

After the basic displacement surface medifications are made, the program
determines the extent of separation present. If the separation occurs shead
of the position where the extrgpolation is agpplied, then the separaticn regicn
is treated as described in Section c., after which the inviscid solution itera-
tion 18 reinitisted with fthe modified boundary conditions. A typical conver-

gence higstory is shown below for the F-8 case, starting from a previously saved

solution:
¢ Tnviscid e c
E H*E Iterations Upper Lower
1 Jne Ls 1743 o8
where ¢ = & Ck - ck'l .
Pi,] i3

After four iterations, this case was considered converged because the

1ift was effectively constant between iterations.
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b. Shock Boundary Layer Interaction Effects¥*

It is well known that the transonic flow over airfoils and wings
often contain embedded shock waves which have subsonic downstream states.
These shocks are normal at the body surface and become oblique above the air-
foil., For most aircraft design conditions, a turbulent boundary layer is
present on the body surface and there is a resulting shock wave -- turbulent
boundary layer interaction. Several types of interaction may occur (e.g., see
References 36, 39 and L0). Reviewing the 2-D situation Tirst, we divide the
interaction into 3 categories (Figure 18).

o M =1.05 - 1.10. There is a weak interaction which perturbs
the flow field only locally near the foot of the shock.

0 M~ 1,10 -~ 1.30. A strong interaction occurs such that the
shock location end overall strength are changed from the inviscid value.
There may or may not be a localized separation bubble. It will be assumed
that if a bubble is present, reattachment occurs and the closed bubble is
small compared to the boundary layer thickness. In general, data shows that
shocks of these strengths lie below incipient separation.

o M= 1.30. There is large-scale separation initiated at the
shock wave and the resulting inviscid-viscous interaction is strong.

The purpose of this section is to provide a phenomenological method for

modeling the effects of the strong interaction on the inviscid flow for case 2.
As such, the method has been incorporated into inviseid transonic computational

methods as a first step in a complete inviscid-viscous solution.
(1) A 2-D Fhenomenological Model

The measured pressure increase through a shock on an airfoil or
a wing is typically less than the normal shock value for the corresponding up-
stream Mach number. Figure 19 (see Lomax, Bailey and Ballhaus, Reference 9)
contains a plot of experimentally determined pressure increase through a shock
wave as a function of the shock Mach number for a wide range of Reynolds num-

bers. The curve labeled Rankine-Hugoniot is the corresponding normal shock

pressure rise.

* This section is based on a consulting report by Earll M. Murmen.

L7



Yoshihara (Reference 4k} has proposed that the boundary layer thickening
at the foot of the shock may be viewed as a "viscous-wedge" as shown in Figure
20, The wedge formed by the displacement surface relieves the requirement of
& normal shock and allows the shock %o become locally an attached oblique shock,
Although the viscous wedge model is not necessarily the true shape of the dis-
placement surface, it is a convenient and consistent explanation for the effect
of the boundary layer on the inviscid flow.

Figure 21 shows schematically a shock polar for the allowable downstream
pressures Pp and viscous wedge angles 9. To adopt Yoshihara's model, we must
require that the obligue shock wave be attached, that ig 6 = emax' In addi-
tion, we postulate that the flow downstream of the shock is to be subsonic so
that 6 =2 esonic' The corresponding pressure jump for these two flow angles
is shown in Figure 19. It can be seen that the measured data generally fall
between these two limits for M < 1.3, For larger Mach numbers, it can be
expected that the flow separates and consequently is not of interest here.

The above considerations lead to the following phenomenological procedure
for modeling the influence of the boundary layer on altering the shock wave
strength and location (Figure 22). The airfoil surface is allowed to have a
"rubber wall" which deflects at the foot of any shock which impinges on the
airfoll surface. The initial slope of the deflected displacement surface is
chosen as emax. The surface is then bent back to a reguired slope by an "ad
hoc" shape function. The deflecting surface continually moves with the shock
to medel the strong interaction feature. At this stage, there is no attempt
to calculate the resulting boundary layer displacement surface. This would
represent a next step in the solution.

The choice of emax ag the unique angle for the viscous wedge is based on
the following reasoning. The invizcid solution tries to place a normal shock
at the airfeil surface. This shock wave is formed by compression and expansion
waves emanating from the surface of the airfoil and sonic line upstream of the
interaction, This wave structure is basically unaffected by the interaction
at the foot of the shock wave. On the other hand, the boundary layer must
weaken the shock to obtain a compatible flow. We postulate that the resulting
shock wave is the strongest oblique and attached shock wave allowed; 1.e.,

8 = em . Since the surface downstream of the shock must bend back in a stream-

wise direction, an expansion of the subsonic flow will result. It is not
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inconsistent then that the measured pressures (Figure 19) will always be

equal to or less than P2
)

max
The choice of the shape function needed to bend back the displacement
surface remains arbitrary at this time. Seversl shapes have heen tried with
the most successful to date being a cubic curve. Figure 23 shows the com-
Parison with an exponential shape motivated by the theoretical analysis in
Reference L5, lLet the airfoil shape be given by z = §F(x) where § is the

thickness ratic. Then the modified shape is given by
z = 8(F(x) + &F(x))

where (see Figure 22),

0 X <%
=)
oF(x) = | B (-7 - i) X, SxSx +E
Lo X +E<x (15)
3 max 3
X“XS
N=—

where X, is the location of the apex of the viscous wedge and E is g free
parameter defining the length of the displacement surface. The above formula

conforms to the conditions:

AF = 0; AF" = 9 at x = x
max 8

AF' = 0; AF" =0 atb x = x_ + &,

A final displacement thickness egual to §6max/3 results. For simplicity, the

above formulation is termed a "cubic-wedge' displacement function.
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(2) Implementation of Model into 2-D Inviscid Calculations

The above formulation has been incorporated intc the inviseid
small disturbance program. At the end of each relaxation sweep through the
field, the airfoil surface slope is modified if a "shock point" has been
detected to occur at the airfoil surface. Referring to Figure 24, the point
X, is taken as the x-location one mesh point ahead of the shock point. The
formula for emax is given from the shock polar equation for the small distur-
bance equation (see Murman and Cole, Reference U46) as

! ((v " Dy, - K)3/2

6 = (16)

*
max v o+ 1

3

with the plus (minus) sign for the upper (lower) surface. The velocity ﬂXl
is calculated from a centered difference formula for the location two mesh
points upstream of X . If this value of Qxl leads tc a negative argument in
the above, emax is set to zero.

The above procedure has been tested on several airfoils, some presenta~
tive 2-D results are shown in Figure 25, A value of § = .1 was found to be
adequate to move the shock upstream and not cause too severe a reexpansion
downstream of the shock. A case was computed for & shock moving upstream and
then downstream (o check uniqueness of the final position. Alseo, the unigue-
ness with mesh refinement wag checked. Some calculations have been done using

. instead of © . No major differences were detected.
sonic max

The Murman Bump is a model which participates actively in each inviscid
iteration. During the integration of the method into the code, it was found
that the original idea for 'hooking" the origin of the ramp to & mesh point
inevitably led to instabilities irn the numerical solution. The cause of the
ingtability was the tendency of the origin to alternate between mesh points.
By interpolating the solution leccally to determine the actual position of the
sonic point in the smeared shock, the origin of the bump could be attached to
a point that did not change in discrete steps, but rather continuously. It
wag found that this medification uncoupled the physical model from the numerics
and led to a reliable iteration procedure. In addition, it was found that the
convergence was improved if the bump was only "turned on" after the basic
solution had been allowed to converge to the point where the character of the

inviscid soluftion has fully emerged. A modification of the scheme to use a
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"refined" ramp equation which more tlosely duplicated the strong interaction
in model problems led to results essentially the same ag the original poly-
nomial, while the more complex formula required a considerable increase in
computational time due to the use of an exponential. Hence, the 'polynomisl
bump' has been retained in the code and the study with the better physical
model can be viewed as verification that the results are insensitive to the
fine scale details of the bump.

The results obtained from these runs suggested that the origin of the
ramp should indeed be placed slightly upstream of the sonic location in the
shock as the original method specified in order to better simulate the upstream
influence of the interaction. Indeed, it appears that some improvement can
be obtained by doing this. A nominal shift of 1 ~ 29 chord appears to improve
correlation and has been left ag a user option at this time,

The model can be extended to three-dimensions by considering the three-
dimensional shock relations. The shock polar for a 3-D shock which is the

weak soluticn of the equation

2
{(Ku - 17§w£ u )x + Ve oty = 0 (17)

is (see Murman and Cole, Reference 46)
(K - X.._;_l (u2 + ul)) (ug - 'u_l)e + (V‘e - Vl)e + (W2 - W'l)2 = Q. (18)

Taking'y as the spanwise direction and Z as the direction normal to the air-
foil (mean) surface, we then want to find the maximum value of Wy for Uy, Vo

vy and W o= O given quantities. This result follows from setting awe/aue =0

to find the value of u, giving maximum LT The result is

5 Y S S
2W 3 v + 1 1
2
max
and (19)
2
W = ]E-r? * 2] ((Y + l)ul - K) - (vg - vl)
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where the plus {minus) sign is for the upper (lower) surface. Thus, the maxi-

mum value of w, occurs when v, = v, ; i.e., the shock is normal to the free-

2 2 1’
stream. The minimum value of w, = O occurs when the deflection in the span-

wise direction is the maximum ailowable turning angle to the given upstream
Mach number.

The 3-D calculation is made by computing X and 525._,(1 as in the 2-D case,
and then calculating Vq at the same point as ¢x1 and Vo 8t the next point
downstream of the shock point. This then gives the value of ngax for the
calculated values of Uy, Vy and Voo

Figure 26 shows same results for the 3-D case. The general experience
indicates that the majority of the work dcne with the pregent computer code
will be carried out with wings at or near design conditionsg, so that the shock
strengths will typically be minimal and the explicit use of the present model
may or may not be called for, as shown in the figure, where the changes due
to the ramp were small.

A calculation using both the strip boundary layer and the Murman Bump
raises a question as to the proper use of both of these options simultaneously.
At first it appears that this would produce a "double count'" of the shock
boundary layer interaction because the strip viscous correction also simulates
the shock bcoundary layer interaction. However, because the Bump reduces the
strength of the shock, the displacement surface rise at the shock foot is sub-
stantially reduced. In a similar fashion, the displacement surface reduces
the strength of the shock so that the Murman Bump does not operate with the
strength which 1{ would have if the viscous displacement correction was not
in effect. Thus, the two methods tend to compensate for each other, and the
strong shock boundary layer interaction is not doubly accounted for in the
present method when both options are in effect. The precise details of the

canplete interaction process do present an area for additional study.
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Figure 19 Presgure Risge Across Shocks
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AF =

CUBIC WEDGE DISPLACEMENT FUNCTION
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Figure 22 Rubber Wall Model
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Figure 23 Comparison of Empirical & Theoretical Models
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¢, Separation Treatment

In the analysis of transcnic flow about finite wings and wing-body
combinations, it is important to be able to treat regions of shallow separated
flow. Most airfoils can be expected to operate with a region of separation
occurring on the upper surface near the trailing edge, this is especially true
of airfeils at transonie maneuver conditions. Current supereritical airfoils
often experience an additional region of separation on the lower surface, in
the cove. It is important to treat these separated flow regions in such a way
as to prevent the computer code from failing when it detects such regions.

The procedures-used for treating these shallow separation regions follow
those of Bavitz (Reference 4). Because of the equivalence between the 2-D
displacement thickness and the 3-D displacement surface for the special case
of the infinite swept wing approximation employed in the present method, the
extension of the methods employed in Z«D to 3-D is self-consistent. Care
should be taken in using these ideas when a more elaborate 3-D boundary layer
calculation is employed. On the upper surface, shallow separations are treated
by holding the slope cof the equivalent inviscid airfoil constant from the sep-
aration point to the trailing edge. On the lower surface, the treatment used
in the presence of shallow cove separation is td select a representative dis-
placement thickness shape so as to allow the iteration procedure to continue.
In order to define &% for the geparated regicon, four points are chosen along
the chord, The first point chosen is 10% chord ahead of the separation point.
The second point is located 8% chord shead of the separation point. The third
point is located halfway between the separaticn point and the trailing edge
and the last point ig located at the trailing edge itself. The values of &%
at the first two of the above points are tasken to be those previocusly calcu-
lated. The value of &% at the third point is determined by incrementing the
value at the first point according to an empirical equation based on the
pressure coefficient difference between the two chordwise points. The relation-
ship used in this treatment (which was developed as a result of an extensive

correlation study with supercritical airfoils) is:

g%, bx c, o « x
- 3 = - 1 + .033 L, - Ll) - .022 [ (5)3 - (g)l:' . (20)
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At the trailing edge, 6% is taken to be the average of the first and third &%
values. A third degree polynomial is fit to these four values of §% to describe
the variation of &§* from the geparation point to the trailing edge. As Bavitz
points out, the most arbitrary values in the medel, those near the third chord-
wise station above, are defining the equivalent inviscid gshape in the cove
region, where the slope is approximately zero. In this region, the effect of
small geometric perturbations on the pressure distribution is negligible,

Under these circumstances, it seems that qualitatively reproducing the shape

is sufficient to allow reasonable calculations to proceed. It should be noted
that the empirical relationship above, was determined from a detailed study of
early Whitecomb airfoils.

The separation treatments described above are designed solely for engineer-
ing use. That is, it is understood that the pressure distributions determined
aft of the separation point may be in error. However, these treatments do
allow the code to function and yield accurate Cp's ashead of the separated
region and reasonable engineering approximations beyond the separation point.
Thus, the code can continue to supply reasonable results under situations in
which the lack of such treatment would have caused the code to halt without
yielding eny information at all. As the code was developed in modular form,
replacement of these empirical treatments with more rigorous treatments as

they become available is facilitated.,
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5. BODY MODEL*

It is well known that fuselage effects will strongly influence the wing
pressure distribution in transonic flows. In order to obtazin a truly useful
engineering tool for itransonic flow analysis of actual aircrafi configurations,
some representation of the body must be included. In the present program, it
has proven effective and simple to model the body by providing a constant rec-
tangulsr cross-section boundary condition support surface upon which the stream-
wige flow inclinaticn angle can be specified. Figure 27 shows the way in which
this surface appears in the conputational space. This approach provides the
user with a great deal of flexibility in medeling any desired geometric effects,
Because the detailed slope input is very laborious, the program has s simple
body model input treatment which should be acceptable in most cases. The
required input information is shown in Figure 28. The program then assumes
an elliptic cross-section body defined by the input body lines. Body slopes
are generated using the elliptic cross-section model, together with the input
body lines.

In order to provide the mogt accurate poesible body effects for transonic
wing analysis and design, the slopes gpecified on the boundary condition support
surface should not be the actual body slopes, but rather some sultably moedi-
fied set of slopes that take into account the difference between the location
of the actual body and the prismatic surface on which the slope houndary condi-
tion is applied. 8lender body theory can be used tc determine the appropriate
modifications to the actual boundary conditions required when they are trans-
ferred to the computational surface. According to siender body theory, the
body thickness effects should be represented by a source with strength propor-
tional to rate of change of body area, 5' (X), where S(X) is the cross-sectional
area. When considering the boundary condition to be specified over the compu-
tational surface at a particular streamwise plane, we require the source strength
over this surface to be the same ag the source strength for the actual body at
this streamwise cross-section location. In this manner, we ensure the correct

global effect of the body on the rest of the flow field. If we consider the

* The guthors would like to acknowledge the modifications to the inviscid pro-
gram made by Allen Chen of Boeing and Jack Werner of the Polytechnic Insti-
tute of New York for providing the appropriate slender body corrections to
the boundary conditions.



body cross-section to be specified by the cruve C, and the prism to be speci-
fied by 5, then the requirement that the source strength of the two cross-

sections be identical bhecomes

f%% e - 2 4 (21)

or

N N _
) lej o -2 %glj ACy “2)
0=1 0=1

s0 that the simple gradient specified on the prismatic surface is related to

the actual boundary conditions by

30

an

fprism body. (23)

This procedure is illustrated in Figure 29.

Angle of attack effects due to body incidence can be treated in a similar
marmer. In this case, we again follow slender body theory by consgidering
equivalent doublet strengths required to produce the correct cross flow effect.
Recall that the doublet strength is proportiocnal to the cross-sectional area
S(X).

Since the body slopes have already been specified by considering the
thickness distribution, the "correction" available for treating the body on
the prism surface consists of modifying the actual geometric angle-of-attack
to an appropriate "effective" angle~of-attack. The effective angle-cof-attack

can be selected by requiring

aEFF 5 = CYgeo. 5(x) (24)

where S is the prism cross-sectional area. This is the formal statement of

doublet strength equality. The resulting boundary condition then becomes on
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the top and bottom surface:

8 = ac %Ly (25)
% | on BCSS 8 3% EFF
Top & Bet.
=8¢ 2% - 5 o«
AT ax s &0

while the side slopesg are not medified by the angle-of-attack so that they

are given by

¢ . 4c B
n Ys) dX . (26)

Figures 30 and 31 show the agreement for a typical body case and also
the capability to handle area rule effects. The results indicate the strong

influence that the body has on the wing pressures.

66



o]

o]

PLANE OF SYMMETRY ASSUMED ABGUT ¥ = O PLANE

PRISM MODEL EXTENDS THROUGH TUPSTREAM AND
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ON TOP & BOTTOM SURFACE
SLOPE MAY BE SPECIFIED

/ ARBITRARY MOUNTING
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WING B.C.'S APPLIED
ON MEAN WING PLANE,
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MAY BE SPECIFIED
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Figure 27 Schematic of Boundary Conditions Support Surface
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Total Input for Body Simulation

1. Body Top Line, ZT(XT)

2. Body Bottom Line, ZP(XB)
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Figure 28 Simple Body Input for Infinite Body
Boundary Condition Surface
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0.h

0.8

1.2

WING GEQOMETRY
(Seme for all models)

H
w
\n

- h = 0.5

BASTIC BODY

ARFA RULE BODY

¢ = 2,74 in.
S = 0.296 sq. ft,
Airfoil Section 6’+2A015 1lc/2

Mchevitt Wing-Body -L.2 ¢ McDevitt Wing-Body
M=.9% o=0° M=.90 o=0°
0.8 1
0L |
Cp
Q —
0.4 ¢
B
EXPERIMENTAL DATA
AVATLABLE IN LINE FORM 0.8+
. , , . L X/C 1-2L . . ‘ . . X/ fl
0.2 0.4 0.6 0.8 1.0 0 0.2 0.4 0.6 0.8 1.0
— BASIC BODY EXPERIMENTAL DATA T = 471
— ——_  AREA RULE EXPERIMENTAL DATA T = 471
&S BASIC BODY NUMERICAL PREDICTION T = .4783
o ARFA RULE NUMERICAL PREDICTION 1 = .4783
Figure 30 Wing-Body Interaction Effects - Geometry

and Wing Station Results
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Figure 31. Wing-Body Interaction Effects - Compariscn of Pressures at the
Wing-Body Juncture
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6. TRANSONIC WAVE DRAC ON SWEFT WINGS*

a. General

In this section we present an extension to the modified small dis-
turbance theory for transonic flows by supplying the farfield drag formuls
equivalent to the farfield drag expression for the classical small disturbance
theory.

An integral transonic drag relation valid for unswept wings has been de-
rived by Murman & Cole, (Reference 46) , Pproceeding directly from the classical

small disturbance equation,

2 -
[Ku-(y+1)g]x + Y,V = O

This small disturbance equation was, in turn, derived from an asymptotic
approach, (Reference 47} , which made the implicit assumption that derivatives
normal to the freestream were of a different order of magnitude from those in
the streamwise direction. This assumpbion is implicit in the form adopted for

the expansion of the veloeity; i. e.,

9 _ : + ..+ ; v + 3 81
5 i (1 + eu ) i i, bw

[on]

in which ¢ and § are assumed of different order of magnitude. To be consistent
with this assumption, any shock surfaces present must be almost normal to the
freestream. This condition is generally violated over swept wings.

Bailey & Ballhaus (Reference L8) have modified the classical small distur-

bance equations by writing,

2 22
(Ku -y+1) 5z + e (y-3) gT)X + Vg o (Qee(y-1)u) ¥ = 0

adding terms which allow the resulting equation to reduce to the "correct small
disturbance equation"” for 2-D swept wings. The proposal of this equation for
the calculation of 3-D swept wings implies that derivatives in the sweep direc-

tion are small compared to those normal to the sweep direction.

*¥ This section is based on & Cruman Aerospace Corporation, Aerodynamics
Section Report (390-77-02, 12 May 1977) by Jack E. Werner, Consultant to
Grumman.
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For the gwept case, an expansion analogous to that of References 45 and

L& would set:

A~ ~

=1 o] v +eu to..) + i i + + ]
n [cos . ] i, [sin v 6VT] 1Z 5w

BCIhDL

t

where-un, v, are speeds normal and tangential respectively to the sweep direc-

v
tion, and v is the sweep angle. This would lead to a small disturbance equa-

tion for the swept region which, unfortunately, would not hold where shocks
are almost normal to the freestream (i.e., over the center section of a swept
wing). Rather than pursue this approach, Bailey and Ballhaus have, Iin effect,
proposed the first term of a "composite" expansion by including terms which
are small in the unswept region but which become large enough to supply a

correction in the swept region.

We now seek an integral relationship appropriate for the computation of
drag from a solution of the Bailey-Ballhaus equation. If we proceed in a
manner similar to Murman and Cole (Reference 46), we quickly encounter a serious
difficulty in determining a divergence form associated with the drag and which
would lead to a surface integrai for the drag. To resolve this problem, we

shall first explere the exact procedure of which Murman's and Cole's represents

a first crder approximation.
b. Exact Expression For Lift and Drag

An exact surface integral for the force on a wing surface may be

obtained by considering the integral,

f& v . (pq) av

over a volume V over all space excluding the thin regions surrcunding the
wing, the wake and any shock surfaces present. Noting that the continuity
equation renders the above integral identically zero, it may be transformed

with the aid of Gauss' Theorem to cobtain:

/azv-(pa’)aon:[pa(a-H)m-fp@‘-waav (27)

A v
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From the steady momentum equation,
-0(q-V)qg=-vVr (28)

and a further application of Gauss' Theorem, we arrive at the equation,

f&v-(pa)dv:oafpa(a-ﬁ)dmfpﬁm, (29)

A A
where the surface A =S5+ W + 8 ygue + Sc represents the closed surface formed
by SC surrounding shocks, the surface W about the wing, S yake around the air-

foil wake and SOD the remaining surface reguired for closure. Now,

fp}fda=j_ D+i L
X Z
W

—_

is the net force on the wing. Also, we have the conditions E e n =0 on the
wing and over the wake surface, while p is continuous across the wake. These

conditions allow us to write equation (29) in the form:

f&v-(pi)d\f f+f(pH+pE(E-Z))dA+iXD+iZL. (30)
S

3
v c
The x component of the first surface integral on the right can be shown to

1
O
]

yield the induced drag while the second surface integral is identified as the
wave drag. I a solution of the classical small disturbance equation is sub-
stituted into the right hand side of equation (30) and only the first signifi-
cant order of magnitude retained, the results yield the drag integral of Murman
& Cole. The procedure, in effect, followed by Murman & Cole was to expand
the left hand side of equation (30) directly, retain the first significant

termg and apply Gauss' Theorem to the result. We shall proceed in a similar

manner.
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c. First and Higher Order Expansions

A combination of energy and continuity equations yields a convenient
form of the continuity equation from which derivatives of the density p have

been eliminated (Reference 49).

— — — 2
p - 2
() 4 rE sy
(a/u_)?
together with the energy equation,
2 1 1 (32)
& _ y-
= = =2 + (7= .2
w2 (5) ()
Upon introducing the expansions:
- A —
WU, =3 (1+eu+62u2+...) + 8V, (33)
I
D/Djo = 1l +ec +e¢ o, (34)
1-M = ex - (35)

and the following relations obtained from the first order small disturbance

theory:

52 - &3 (36)
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O’:—u:g (37)
Y

VT u = oV (38)
3%

the continuity equation (31) in expanded form becomes,

. -2
v- (p_‘i )=0=62 {(Ku-(wl)%)x +VT-V'T}

(39)
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il p U,
iy od 3 () (3- Y
. 32 . = = —(v+1) ()= e
7 T ioe {Ké % 3) = ), V% (Vu)
tie [-2u¥y - Vou - (v-1) u Vo Vot (y2)u” VLV,
(2y-1) 3 “
+ [r ey w o+ (y*1) -2 (y+1) (v-2) u
3 8
X
+ (Kuup - (y+1) u2u2 +ou, VT . 'ff’T to.. (ko)
X
3

The term in ¢~ of this previous expansion was obtained by Murman & Cole directly

from the elassical small disturbance equation. Since the first two terms of the
L

coefficient of €7 originate with the additional terms of Bailey and Ballhaus,

the expansion of
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corregponding to the Bailey-Ballhaus equation would be:

.q_ V. EJ; e “l\ 83 KE - ('y+l) a. __T_ + VT (v

Um o U, s 2 3 =) x T
— 2 —

- 2u VT . VT u + (y-l) u VT VT (]-I-l)

Unfortunately, the last term of equation (41) cannct be written in divergence

form, and the volume integral of this last expansion of,

(et
<
ol

al

cannot be converted compietely into a surface integral. As a result, this
particular expansion of the left hand side of equation (30) cannot match up
with any corresponding expansion of the right side such as might be obtained
by substituting a solution of the Bailey-Ballhaus equation into the right han
expression,

Tt would thus appear that the form represented by equation (41) cannot
properly be associated with any surface integral expression for the drag. To

obtain the proper expansion of,

1

v. pd

pCDOD

SC:I;QL

cl

for swept wings, it is first observed that for unswept wings, the Bailey-
Ballhaus terms are small and may be included in the expansion without affect-
ing its magnitude to within O (63 ). On the other hand, when swept shocks are
present, these terms represented by the two leading terms in the coefficient
of eh in equation (40) become large and must be considered slong with the e 3
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term. But, if these first two terms are now included, so should the third term
be inecluded since it is almost equal in absclute value to the second term. In-
clugion of this third term now allows the resulting expansion te be written as

a divergence; i. e..,

d v. [} o2 3 v.oH
U, o U b4
Py 2 3 2 s
o1 ed K2 - (yil) & - Vo + V- Vg u(l-eu}
X 2 - T
3 X
=0

(k2)
This establishes a vector M analogous to that of Murman & Cole, but appropriate
to the computation of drag for swept wings.
d. The Drag Integral

Integrating the pressure over the wing surface represented by z =

8F (x,¥), an expression for the drag is obtained,

L/3 JF ~ (43)
D=8 " F [p — ] dxdz
ox W

W
where [ ] - represent the jump across W and T =90 1/3 z. Writing the boundary

condition on the wing in the form

v = oF _
1 + eut.. ox -~ v (1 eu) (J-F)-I-)
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The drag integral becomes with the substitution for p from equation (37)

D = —6u/3 Py ,I:j” [1rv (l-eu)] dx dz
W
(45)
e Py ff M oon axdz
W

Since,

fV'Hdv=o

from equation (L42), an application of Gauss' Theorem to the volume bounded by

Sas W, S wake? 5, and substitution of the results into equation (45) yields:

-E7%———Y = - ,}:}ﬁ Men A + NJ:In[ﬁ] . Hc ds (L6)
8§ 7B,
S

S
c

were [:ﬁ:] represents the jump in-ﬂ across the shock surface 5.5 and from

equation (42),

Mo=i KE—(y+1)§--___2__ + Vo, u (l-eun) 7
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The integral over Sm: may be interpreted to yield the induced drag and when
integrated over the surface as x — - yields the same result as given by

Murman &Cole, Reference (L6).

e. Wave Drag

We now turn to the second integral in equation (46). But before
dealing with it directly, an appropriate form of the kinematic shock jump

conditions;

(9] x Hc =0 on S(x,y,z) =0 (48)

must be developed. Letting n represent the direction normal to the sweep

direction and t the direction tangent to it, equation (48) becomes,

gn [w, ] +[VT] x ':':n %IS; + V.8 =0 (L9)
1 1
(o)
A w1V s -[7.1 &1 + (3] V.S = 0
h X U T1 TR Bm 'I; x 'I'1 -
1

where T represents a direction in the plane transverse to .

1
Noting that the last term is of higher order than the preceeding one, we may
set the first term equal to zero resulting in:

Cas )
T on [ ] (50)
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A shock jump condition ig derived by writing the small disturbance

equation in the form:
V'-é.=0 (51)

and applying Gauss' Theorem to the region surrounding the shock., This

results in:

—3 an - . v
[%Jan * [%g QS (52)

Introducing the kinematic jump condition, equation (50), we have:

(q,] [unj + [qgj . qu] =0 (53)
or, since the scalar product ils independent of axes rotation,

(] [u) + (8] - [V) =0 (54)

For the Bailey-Ballhaus equation, we have,

XQX+§T (55)
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Introducing this value of & into the shock jump condition, equation (54), and
employing results from the calculus of jumps (Reference L&) ; we obtain:

[ B2 o]t + v® - elr,?) 0 - o) 7% o) (56)
2 T T T
Tt is of interest to note that setting v = 2 in the terms multiplied by e
in eguation (53}, yields the NIR small disturbance equation (Reference 50).
Alternatively, the NIR equation is obtained from equation (39) by applying
the same considerations which led to equation (42) for ﬁ; i. e., retaining
the first three terms in the coefficient of ¢3 ingtead of only the first two.
In this respect, the NLR equation is seen tc be wholly consistent with ﬁ of
equation (#2) from the point of view of the expansion process.

We are now in a position to evaluate the wave drag integral:

D
WAVE _ ﬂ (%] - 7 da
& 3Pw'y ¢

Thus, with the aid of the kinematic condition, equation (50),

J da (573

] 22 M, V
7= -3 - ! BT Fh T T (58)
Vs|
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Substituting ﬁ,from equation (47) and again using the calculus of jumps:

2

J = {Ku-(y+l) %— ] [ul + [VT]2 - <fu:> EVTJE - e [u] [VTQJ :%Ef%
-2 (W (ya) 3 [u] 28/3n
-e V) In - Ll [u ] Vs (59)

This is considerably reduced by the introduction of the shock jump condition
from equation (56},

2
_ _ (y+L) 3 [u] ) 2 [V.] o [ 12
n [un]

In keeping with previous comments, we shall assume that disturbance
velocities in the sweep direction are small compared to disturbance veloci-

ties normal to the sweep. Thus, if Vv is the sweep angle, we have,

up U sinv +vecosva (61)
u =ucosv -vsinv (62)
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in consegquence of which we cbtain:

fu]
[ 1= - .
o cos v (63)

Substituting equations (60) and (63) into equation (57) for the wave drag:

D 2
WAVE  _ {y+l) 3 38/3n (v 17[ul N
5] 73Pm\f -"j:'é"— ﬂ [u] cOs vV ]V_Sl dA “"ﬂm__“h dx dz
8 3
c c

O
+ e (y-2) T cos v O8/3m (64)
(] | VS|
S
c
S/ on
Now VS dA is the projection dS\J of the shock surface on

tZ or "sweep" plane while cog v- asvgn is the further projection of S,

on the xz plane, If we reinterpret the sweep plane to be the local shock

surface, the wave drag expression may be written in the finsl form:

2 2 ~
Diave  _ (v+1) 3 - | <u> (V)" ax dz
61;7313Oo ¥ ﬁ (u]” dx dz + e(y-2) f —
SC Sc

v 1% [u]
- ¢ [Lu_[_l_l_ dx dz (65)

In the neighborhood of noymal shocks, WT] is small compared to [ul and
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the contribution from the last two integrals in equation (65) becomes negli-
gible and the Murman and Cole regult is recovered. It is also worth noting
that if a is obtained from the NLR equation, the second term of equation (65)
drops out. Near a swept shock [VT] may be large and the contribution from
the last two terms is correspondingly significant.

Equation (65) is the farfield drag formula which must be used when the
MSD equation is employed., The integration was not implemented in the present
study. This equation would have to be implemented on the crude exterior grid,
and the complexity of the final equation would probably lead to large numeri-
cal errors when implemented on such a coarse grid. Thus, the calculation of
drag in the present program has been based completely on surface pressure

integraticn.

86



f. FULLY THREE-DIMENSIONAL BOUNDARY LAYER CALCULATTON

In order to increase the power of the pregent transonic viscous method,

a new fully three-dimensional finite wing boundary layer program has been
written by John Nash and Roy Scruggs of Sybucon, and is described in the self-
contained document issued as Volume III of the present report. The data set
required to execute the program is generated by the transonic analysis code,
either from a direct inviscid calculation or after the interaction solution is
obtained using the infinite swept wing strip viscous approach. The new pro-
gram is & fully implicit numerical solution of the 3-D boundary layer equations.
A compressible 3-D turbulent energy equation based on the incompressible equa- .
tion derived by Nash (Reference 51) is used to obtain turbulent closure. As

a result, we expect that this program could potentially be more aceurate than
the eddy-viscosity model programs that are now beginning to appear (Reference
1), In addition, input data requirements are greatly improved compared to

the previous expliciit program develcped by Nash and Scruggs (Reference 24 ).

In this section, we ocutline the features of the method so that the user of the
programs can anticipate the complete capability provided by the set of pro-
grams described in the three volumeg of the present report.

The 3-D BL program computes the laminar er turbulent boundary layer devel-
cpuent over a finite swept wing of arbitrary planform and thickness in com-
pregsible steady flow. The program is structured in order to be amenable to
interactive calculations, although the full coupling was not carried out
in the present effort. The wing surface is segmented into guasi-quadrilatersl
panels and a locally orthogonal set of curvilinear cocrdinates is constructed
following a conical development of the local region. Streamwise cubs are made
over the planform at arbitrary spanwise locations and the number of surface
points on each cut is the same. The calculation then procesds from the plan-
form leading edge as turbulent or laminar. The governing equaticns are finite-
differenced with respect to the local surface normal coordinate y, and the
locally transverse coordinate z, so that in the local y-z plane, the difference
equations are implicit. The solution is then obtained at each x (streamwise)
staticn in suvccession. This chordwise Torward-marching is applied with arbitrary
step length proceeding from the leading edge to the trailing edge or until
separation is encountered at some spanwise location. Frovision is made to

step past local separations by altering the local pressure distribution, if
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desired. Transition location must be specified by the user.

Further flexibility in the new program has been achieved by adding the
thermal energy equation to the set of governing equations. Although the pro-
gram computes sdiabatic boundary layers by specifying the adiabatic wall temp-
ersture, 2 simple modification would allow the program to compute boundary
layers with arbitrary wall temperature. Another refinement is the soluticn
of the finite difference equations all the way to the wall, removing the
limitations associated with the matching to the law of the wall region as is
usually done with turbulent kinetic eguation methods. As a result of this
refinement, the calculation of both laminar and turbulent flows can be carried
out within the same basic framework.

Grumman has added a few additional calculations and revised the output
slightly, in addition to verifying the program for a few simple cases for
which comparisons can be made, Checks of the number of chordwise stations
required to obtain a converged solution indicated esgsentially no difference
between predictions using 26 and L1 chordwise points. The program is dimensioned
for a maximum of 60 chordwise and 30 spanwise stations. It appears that 21
points acrcss the boundary layer is sufficient. The computation of the gtan-
dard integral thicknesses was added as well as the incorporation of a summary
of the results, an option tc pumch some of the output for plotting and an
option to provide several levels of output, depending on the type of informa-
tion desired. With the exception of these minor additions, the program has

been maintained in the form delivered to Grumman by Sybucon.
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SECTION IT

APPLICATIONS

1. INTRODUCTION

In this part of the volume, we give a large number of examples of the
application of the program to specific cases. The intent is to show typical
accuracy that any user should expect to achieve. Although a knowledge of the
underlying theory is desirable, it is not necessary. Experience at Grumman
has indicated that good results can be obtained by users who do not know the
details of the methodology as long as a few rules of thumb are followed. How-
ever, it is important to understand that the present programs are intended to
provide an experienced aerodynamicist with information required for aerodynamic
design studies. We expect that this program will be but one of a number of
codes that form the aerodynamicist's bag of tools. As such, the user should
constantly check the answers for consistency and overall "correctness.' When
the program does not produce answers that appear reasonable, an error in the
input, or a simple misunderstanding in the operation of the program can usually
be found to explain the anomalies in the results. We will warn the user repeat-
edly to study each run carefully, applving good aerodynamic judgement to the
evaluation of the predietions. If this procedure is followed, the program
will consistently provide predictions of at least the same quality as those
presented in this part of the report.

The ten survey cases shown here have evolved over the course of the study.
They constitute a wide range of configurations which would be very typical of
the actual application of the code. Some of these cases have formed the basis
for the original demonstration of various methods, while other cases have been
used to demonstrate the use of the method to aircraft design projects.

The F-8 and TACT configurations are two of the most advanced aircraft
designs for which flight test data is available. This section shows the typi-
cal correlation between flight, wind tunnel and theoretical predictions of the

present method.
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2. EXPERIENCES AND LIMITATIONS OF THE CODE -- HOW TO SUCCESSFULLY RUN THE CODE

Although extremely useful results can be obtained with the present set

of computer programs, the code does have some geometric restrictions and aero-

dynamic limits. 1In this section, we review some of these limitations and dis-

cuss strategies that can be employed when the normal solution procedures fail

to obtain a satisfactory result. The geometric limitations do not necesgarily

mean that the program cannot be used for these cases, but rather that the aero-

dynamicist will have to supply a more imaginative model to the program and
Judge the results with additional care, in order to extract the maximum possi-

ble wvalue from the program.
Geometric features which the program does not explicitly handle are:

o

o

O

e}

e}

(o

Multiple Lifting Surfaces (including canards and winglets)
Wings with Planform Discontinuities (such ag snags)

Wing Dihedral

Inlets/Nozzles/Stores

Multi-Element Alrfoil Sections

Fine Details of the Fuselage Geometry

Aerodynamic limitations include:

o}

O

e}

o)

o

e}

Mach numbers less than one

Attached flow over most of the surface

No suction/blowing effects on boundary layer
No heat transfer effects on boundary layer
Mid-chord wing sweeps less than about TOO

Taper ratics greater than .05

In addition to these general limitations, a few specific configurations

may require special treatment. When these cases cceur, considerable additional

Tlexibility is allowed so that it showld prove rossible to obtain s solution.

These alternate strategies can be grouped into several categories:

O

o}

e}

o]

@]

Families of Sclutions
Geometry Simplification
Inviscid Tterative Procedures
Megh/Mapping Alteration

Boundary Layer Relaxation

Before discussing the actual soluticn methods, we discuss some input

rroblems. Extreme care must be exercised in setting up the dats sets for
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any computational aerodynamics type computer program. A large number of
problems attributed to the earlier versions of the code by frustrated users
have been traced to an input error. In the present program, the potential
for user errors has been minimized by careful design of the input procedure,
internal checks on the consistency of the date and a graphics package which
provides graphical verification of all the input geometry as well as the com-
puted results. The graphics package can be invaluable and we urge all users
to make the effort required to adapt this part of the program to their own
system. Although a number of internal checks have been inciuded in order to
keep the user from exceeding the limits of the various input values, undoubt-
edly 1% is still possible to make inputs thai are not corrected or flagged by
the program. Common errors have included specifying the mesh in scme type of
normelized units and the planform in physical dimensions or vice versa, and
specifying the wrong index for grid loecsticns such as the first mesh line
past the Tip. To repealb, experience has shown that a carefully set up data
set will reduce prcblems to a minimum and reward the uger with relisble results.

Families of solutions can sometimes be used to obtain results that are
proving difficult to compute by the standard methods. In this scheme, a sclu-
tion that can be readily computed is saved and the szaved solution is used as
the starting guess for another solution with a minor increase in difficulty.
Typically, this approach can be used to cbtain higher angles-of-attack, more
extreme twist distributions, or extreme Mach numbers. Several increments can
be used to obtain the final desired condition. Even when no difficulty is
being experienced in obtaining a particular solution, this method can lead to
reduced computing times and hence, more economical computing. This strategy
can be particulariy economical during design studies, where the effects of
mincr gecmetric changes are being studied.

Geometry simplifiecation can correspond to both the planform and airfoil
section treatment. Because the small disturbance theory has a singularity at
the leading edge, the resulting large flow gradients near the leading edge
can cause numerical solution problemg for some cazes. The program identifies
the grid indices that locate the numerical difficulties in the grid, so that
it is possible to determine if the probiem occurs at mesh pointg about the
leading edge. When this occurs, the mesh can be inspected to insure that the

mesh distribution is smooth. The airfoil slopes should be inspected to verify
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that the proper airfoil ordinates have been input and the (smooth) resulting
slopes are reasonable (note that the input ordinates are spline fit in order
Tto interpolate to the mesh locations and prescribe the slopes, requiring an
accurate specification of the airfoil ordinates). If the ordinates are correct
and the mesh is distributed smoothly, then the user has the option of reduc-
ing the leading edge slope in a systematic manner by employing Riegels' Rule.
Riegels' Rule is a method that renders the first order thin airfoil solution
valid near the leading edge in incompressible flow. Van Dyke (Reference 19)
has investigated its application along with a nurber of other methods to
improve thin airfoil theory. Unfortunately, Riegels' Rule has no thecretical
foundation for trangonic flows. It does, however, often allow the solution to
proceed without numerical difficulty and has the interesting property of remov-
ing much of the mesh dependence of the solution around the leading edge. How-
ever, it should be used with caution because, for transonic solutions, it
appears that the resulting solution may be inaccurate, particularly on the
lower surface,

Another geometric difficulty can arise if the uger is trying to prescribe
non-streamwise wing tips. This can lead to an extreme bending of the computa-
tional mapping. In this case, the simplest improvement would be to model the
tip as streamwise, with an eguivalent planform area. If this is not accept-
able, the user may have to specify the mapping himself. Attempts to include
strakes as part of the planform will also lead to problems, becausge the strake
censtitutes a small fraction of the wing area, in a location where several
extreme mesh bendings are required. The resulting loss of geometric resclution
in the mesh bending process will produce a result that does not adequately
model the strake and will introduce ogcillation in the solution. Most gloves
can be handled without difficulty. If difficulties are encountered while
investlgating planforms with severe geometry variations, some numerical experi-
ments should be run in order to isolate the particular geometric feature that
is causing the difficulty. Once the problem area is located, a review should
be made of the modeling. It may be that a slight geometric simplification is
perfectly acceptable. If not, then the span mesh may have to be concentrated
about the region of interest and a combination of the methods discussed in

this section employed in order teo obtain the solution.
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The inviscid iterative procedures can be changed to allow for a smaller
value of w and a larger value of the damping coefficient for th‘ Some trials
at other Mach numbers and angles-of-attack may help clarify the source of the
problem.

For example, if the inviscid iteration procedure is diverging, a lower
angle-of-attack or Mach number may result in a converging result, or it may
help to identify the location in the mesh at which the solution procedure is
Tfailing. Once this location is defined, inspection of the local mesh and goom-
etry will probably identify an irregularity that can be corrected. In many
cases, this is sufficient in order to obtain a solution. The print plot of
the inviscid convergence history should be examined for each run. PBoth the
exterior and interior mesh iteration histories are displayed and the particular
mesh that the problem originates on can be determined. This can be used as a
guide to determine which mesh ghould have the iteration parameters changed.

Mesh and mapping alterations have been mentioned previously. The program
automatically generates a mesh that is a result of considerable experience
with the code. The user, however, can input his own mesh and mapping. When
this step must be used, it should be done with considerable care, following
the insiructions contained in the user's manual.

A rule of thumb that works well for troublesome cages in all instances
investigated to date is that for regions where the mapping is bending, such
as at glove-wing inftersections, the gpanwise mesh must be more closely spaced
than elsewhere on the wing, TFor some extreme cases that are nearly pure delta
wings, the mepping must be bent near or beyond the %ip in order that the £ = 0
line remains in front of the £ = 1 line in the physical space., If this condi-
tion is violated, the program will give a warning and stop. To attempt to
obtain a solution under these conditions will only result in & catastrophic
failure of the iteration procedure.

The boundary layer iteration can be controlled by several methods. The
degree of underrelaxation of the boundary layer can be controlled, the origin
of the slcpe extrapolation can be varied independently on the upper and lower
surface, and the number of inviscid iterations can be adjusted. In general,
however, the viscous soclution will brezk down when there is excessive flow
separation present on the wing. The exact degree of separabion that can exist
and still obtain a convergent iteration will depend on the particular case.

On supercritical wings, the iteration has converged for separation lines that
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cceur at 70% on the lower surface and 85-90% on the upper surface. Naturally,
the larger the separated region becomes, the worse the approximation to the
actual solution will become.

From the above discussion it should be clear that the more experience
that is gained with the program, the more useful the code will become. While
the program should operate satisfactorily with minimel experience, the code

can be used to compute some exceptionally challenging cases in the hands of

an experienced user.
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3. EXAMPLES OF CONFIGURATIONS COMPUTED AND TYPICAL AGREEMENT WITH EXPERIMENT

This program has been tested on a number of configurations (see Table I}
covering a wide range of flight conditions and geometries. These have included
aspect ratios from 2 to over 6, wing leading edge sweeps from 30° to over 600,
glove sweeps in exXcess of 74° and taper ratios from under .025 to 0.6. In
fact, even a forward swept wing has been successfully treated. The various
flight conditions handled have included Mach numbers from 0.81 to .99 and
angles-of-attack over a range from 0° to 8.5°. A representative sample of
such cases has been included in this section. Many of these cases are classics,
having been used as the original demonstration cases for some of the inviscid
programg in use. Most of these cases consist of relatively simple "research"
type geometric configurations for which transonic pressure data is generally
available. Two of the cases, the low aspect ratio and forward swept wing, are
included to show the capabilities of the program even though no experimental
data is available for these cases. These cases have been quite useful even
though some of the experimental data contains wind tunnel wall effects and
many of the wings were not designed for transonic conditions. The present
effort shows the need for establishing a new set of baseline experimental cases
for use in aerodynamic tool development. Most of the good, modern, experimental
pressure data is closely tied in with specific aircraft projects. As such, the
configuration's geometric complexity is often of a nature to make it difficult
to perform a basic code development comparison study. In addition, this type
of data is coften classified and can not be widely distributed. We have, how-
ever, included two such cases, the F-8 and TACT aircraft, which will be exten-
sively discussed in the next section. These cases contain the most widely
available supercritical wing data. The declassification of the F-8 program was
particularly timely in this regard.

The results are presented in each case with some of the basic geometric
data for the case. The detailed geometric data reguired to actually run these
cases can be found in the references for each case. Comparisons of experimental
pressure distributions with the program predictions are included. All of the pre-
gsented results were computed with the final computer code, using the automatically
generated meshes and mapping. The computations employed the FCR differencing of
the M5D Equation, with inviscid solutions used for the cases with conventional

gsectlons and viscous flow solutions for cases with supercritical sectioms.

95



I T

Th pRelely) 06" 04" 2ifs 60 L€ o Seq i, UL £FoTOUYDa], PaIURADY 1T
oty o2 18° 282" gI'9 oT6 T 088" 1€ TeoTsTa0z8dng 120d8WBAL, OTUCSUE], 0T
&g 0T 06° gg0"  QT°z o5~ 0T 09 9C0VE9 VovN gV 407 6
gt 05’8 06" HALE" 156 o 07N 0BT TE- WY, 9sag qdang presiog 8
LE o0 6 0% 5079 oG 0E oSC"6€ $TOVC10 (Apog oTOy ®aIY) TSV L
L€ 0 +6" 05" 60°9  MG'OE  _GO'6E $TOV Y (4pog otsed) T2ESCY 9
9€ o £6° 09° H olT 6E 9L Ih 900V59 VIVN LOITo1 g
43 ol'8 H6* oz’ ¢ SHgT of1L70% HOOVSO WON 2TLa HL #7
"E o ¢6* 09" % oST76E RIS 900YE9 VOVN VQTHRST £
€€ ol 06" geer 9 JNE3E oL9 98 TOT Tvd I z
z€ of e 296 0g'¢ o8°ST J0°0€ o, VAIENO 9H VHINO T
saITd eydTy yosy ¥ Y Ay &Ly uoT409g Uo TR mMITIUO] “ol

SNOTIVHNITANGD TIIWVXH
I FIdvd

96



a. ONERA M6

The first case listed in Teble T is the ONERA M6 (Reference 52). The
ONERA M6 is an isolated wing case with a conventional type ONERA "D" airfoil
section. This case was studied at a Mach number of 0.84 and an angle-of-
attack of 30. The wing has a leading edge sweep of 300 and a tralling edge
sweep of 15.80. The aspect ratio for this case was 3.8 and the taper ratio
was 0.56. The basic configuration can be seen in Figure 32a. TFigure 32b
shows the three-dimensional pressure distribution over the wing. As can he
expected, the shock location moves forward as one moves outboard on the wing.
The first span station for which experimental data was available, was at
1 = 0.2. The cleogest gpan station at which the code gave predictions was at
T = 0.182. Figure 32c¢ shows the comparison of experimental data with the code's
predictions, As can be expected, due to the fact that the program prediction
is at T = 0.182, the shock location is predicted farther aft than the measure-
ments indicate. The lower surface predictions agree guite well with the
experimental data. In fact, at each span station of the ONERA solution, the
lower surface agreement with data is excellent. The next span station (Figure
32d), nexp = 0.bl ana npre = 0.436, shows excellent agreement with experiment
over the leading edge. The upper surface leading edge pressure peak is pre-
dicted excellently with respect to both location and height. The shock loca-
tion is predicted approximately 5% ahead of the location shown in the measure-
ments. The upper surface leading edge pressure peak is again accurately pre-
dicted at the next span station, nexp = 0.65 and npre = 0.655 (Figure 32e).
The measurements show evidence of two shocks, at x/c = 0.15 and x/c = 0.L5,
The second shock is predicted quite well, both in amplitude and location. The
first shock, however, is not predicted as well. There is a relatively rapid
drop in pressure from the leading edge peak, however, the shock does not
appear explicitly. This could probably be corrected by increasing the number
of points along the chord above the L& used at this span station, and possibly
increasing the angle-of-attack used in the program slightly. The next station,
nexp = npre = 0.8 (Figure 32f) again predicts the leading edge peak and the
second shock. However, the first shock is still missed and the same corrections
could probably be made. At the two outboard span stations (T]exP = 0,90,
ﬂpre = 0.909 and Texp = 0.95, npre = 0.9L45) the leading edge peak is still
well predicted but the shock is not as sharp as indicated by the data,
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especially at T = 0.95. The pressure dip following the shoek is well pre-
dicted as to height but the predicted location is approximately 10% shead
of that indicated by the measurements. Jameson and Caughey (Reference 21)
have also performed inviscid calculations on the ONERA M& with a numericsl
solution of the exact transonic potential flow equation. Their predicted
shock location agrees with the data somewhat better than this code; however,
their code was run at a slightly higher angle-of-attack and, as seen prev-
iously, a slight increase in angle-of-attack would seem to be indicated for
this code also. Due to the concentration of points near the leading edge,
the Jameson-Caughey code predicts the second pressure peak better than this
code, however, an increase in the number of points along the chord would

increase resolution and possibly show this better,

b. RA_E ”A”

The second casge listed in Table I is the RAE "A" wing-body configura-
tion. The experimental pressure data (Reference 53) was obtained at a Mach
number of 0.90 and an angle-of-attack of lo. Figure 33a shows the configura-
tion used for this code. The airfoil section used in this case is the RAE
101 conventional type section. Figure 33b shows the 3-D pressure distribution
over the wing. The predictions were cbtained at an angle-of-attack of 1° and
rung were made at Mach numbers of 0.90 and 0.91. The 3-D pressure distribu-
tion shown is for the Mach 0.9l case. Figure 33c gives the pressure distribu-
tion at nexp = 0.1667 and npre = 0.182. This span station for the predictions,
npre = 0,182, is the first span station outside the body in the mesh generated
by the code. As can be seen, the agreement between prediction and experiment
is not very good at this span station. However, this is due in large part
to the difference between the prediction and experimental span stations. In
this region, the effect of the body is greatest, and the spanwise pressure
gradients are the highest. Observing the predicted gradient between npre =
0.255 and npre = 0,182, it is apparent that moving from npre = 0.182 inboard
to M = 0.1667 would cause both the upper and lower predicted pressures to
drop. Thus, if the program utilized npre = 0,16567, the predictions would
more closely follow the experimental results. If the details of the pressure
distribution near the body are desired, the user must input his own y-mesh,

concentrating the mesh near the wing-body juncture. It ig interesting,
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however, to note that increasing the Mach number fram 0.9C to 0.91 causes

the shock location to shift aft about 10% and brings it to the correct loca-
tion. Figure 33d shows the pressure distribution at nexp = 0.25 and npre =
0.255, Here, the agreement between experiment and prediction is much better.
Note again that increasing the Mach number to 0.91 gives excellent agreement
with data. The shock location agsin moves aft to the correect location seen
in the data. Also, the lower surface pressures drop to the correct values.
The next span sbation shown (Figure 33e) is at nexp = ﬂpre = 0.k, Here again,
the predictions show better agreement with data at Mach 0.91. At nexp = 0.6,
npre = 0.618, (Figure 33f), the agreement is again better at Mach 0.91,
although the upper surface pressure predictions are somewhat below the data.
The lower surface shows excellent agreement with data. The final outboard
span stations (Figures 33g and 33h) show similar characteristics with better
agreement at Mach 0.91. Thege results clearly demonstrate the Mach number
sensitivity to be expected in transonic flow caleculations., Thus, in any com-

parigon of predictions with experimental data, the Mach number used in the

experimental work must be known accurately.

c. Ls54H1B

The third case is the L5LE18 (Reference 54)., This case consists of
a NACA 65A005 wing mid-mounted on a cylindrical body (Figure 3ta). The wing
is twisted from 0.4° at the wing-body juncture to -4.12° st the wing tip. The
fiight conditions used for this case were a Mach number of 0.95 and an angie-
of-attack of ho. Figure 34b shows the 3-D pressure distribution for the
L54H18 wing. The first span station (T]ex:p = 0.2, npre = 0.218) (Figure 34c)
shows the same characteristics cbserved in the RAE "A" configuration. This,
too, is a situation where, if the span station used for the predictionsg had
been closer to that used for the experimental results, the results would have
been closer. Again, when close to the body, where the spanwise pressure
gradients are the largest, comparisons between prediction and experiment
require the span stations used to be the same. Figure 344 shows better agree-
ment with the data. In fact, except for the upper surface leading edge, the
agreement is excellent. The leading edge peak does not reach the height of
that observed experimentally. The shock loecation prediction agrees with the
experimental location., In Figure 3k4e, we again see excellent agreement except

for the height of the pressure peak at the leading edge. The next span
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staticn (nexp = npre = 0,80} (Figure 3U4f) shows excellent agreement; however,
the upper surface experimental results shows a second pressure peak and shock
location at x/c = 0.35. This peak is not duplicated in the predictions. IT
the wing twist was increased slightly, the predictions could conceivably agree
somewhat better. The final ocutboard section (Figure 3bg) shows the same

characteristics as the previous gpan station.
d. TN D712

The fourth case investigated was the TN D712 wing-body configuration
(Reference 55). The flight conditions for this case was a Mach number of
0.94 and an angle-of-attack of 2.&0. The airfoil section used in this wing
is a NACA 65A004. TFigure 35a shows the basic gecmetry of this configuration.
The 3~D pressure plot is seen in Figure 35b. The first span station shown
(ﬂexp = 0.16, npre = 0.182) (Figure 35c), indicates excellent agreement between
experiment and prediction. The only point at which agreement is not complete
is at the trailing edge. The predictions are from an inviscid solution; a
viscous solution would probably show better agreement at the trailing edge
due to separation treatment. The code fails to predict the upper surface
leading edge pressure peak at the next span station (nexp = npre = 0.4)

{Figure 35d). However, the rest of the distribution at this station agrees
quite well. In fact, over the rest of the span (Figures 35e, 35F and 35g),

the code continues to fail to predict the leading edge pressure psak. However,
except for the final span station, the sheck leocation and magnitude is
accurately predicted. The outboard span station (ﬂexp = 0,95, npre = 0,9L5)
shows relatively poor agreement over the first 45% of the section. The lower
surface shows a peak at x/c = 0.4 which is not reproduced in the predictions.
In addition, the upper surface distribution is not very well reproduced until
beyond x/c = 0.45, at which point both upper and lower surfsce agreement is

excellent.
e. LBLFOT7

The L51F07 configuration is shown in Figure 36a. This consists of
a wing-body combination with a NACA 65A006 airfoil section {Reference 56).
The wing for this case is untwisted. The flight conditions for this case are
a Mach number of 0.93 and an angle-of~attack of 20. Figure 36b shows a plot
of the upper surface isobars predicted by this program. The equivalent 3-D

100



upper surface pressure distribution is shown in Figure 36¢. The first span
station shown is for nexp = 0.2 and npre = 0.182. The predictions (Figure 364)
show excellent agreement except abt the leading edge upper surface and the
trailing edge. The leading edge can be accounted for by the fact that the

span station used for the predictions is inboard of the span station used for
the experimental work, The trailing edge discrepancy might be attributed to a
viscous corner flow displacement effect not treated in the present program.

On conventional airfoils, viscous effects are important primarily at the trail-
ing edge and this is evidenced by the excellent agreement between the data and
the inviscid solution over the rest of the section. The rest of the wing
(Figures 36e, 36f, 36g and 36h) show similar characteristics with the exception
that as cone moves cuthoard, the agreement forward of x/c = .50 tende to decrease.
This could possibly be improved by increasing the computational angle-of-zttack

and/or Mach number slightly.
. AS55B2l

The A55B21 case was run for two configurations (Reference 57). These
conTigurations can be seen in Figures 37a and 37b. As can be seen, the wing
planform and section (6@2AOl§Lp/2) was the same for both configurations. How-
ever, the bodies used in the two configurations differed considerably. The
alrfoil sections originally used were determined by using the cogine of the mid-
chord sweep angle since that was the specified reference sweep. A second set
of airfoil ordinates with taper affects taken into account, were supplied hy
David Caughey. These ordinates, yielding slightly better results, are those
for which the results are presented. The flight conditions used in the experi-
mental wind tunnel work were for a Mach number of 0.94 and an angle-of-attack
of 0°. 'The first configuraticn uses the basic body and the experimental
results were cbtained at ﬂexp = 0,471, The calculations were performetd atb
ﬂpre = 0.473. As can be seen (Figure 37c¢), the agreement is, in general,
good with the exception that the shock location is predicted sbout 5% forward
of its actual lccation. The gecond configuration used an area rule body with
the results determined at the same span locations (Figure 37d). Again, the
rapid drop in pressure is predicted between 5 and 1.0% forward of the actual
location. The effect of area rule body is to move the peak pressure from

= .75 forward to x/cPre = 0.50. Thus, the program qualitatively

x/cpre

101



reproduces the experimental results.
g. Forward Swept Wing

The forward sgwept wing case was included to demonstrate the capabili-
ties of the program. Although no experimental results exist for this case,
the predictions are nevertheless interesting. Figure 38a shows the forward
swept wing configuration (Reference 58). The leading edge sweep of this con-
figuration is —31.10 and the trailing edge sweep is —h2.970. The wing has an
aspect ratio of 5.22 and a taper ratio of 0.4. The airfoil section used was one of
the Grumman "K" series superecritical airfoils. The flight conditions chosen
for this case were of a Mach number of 0.9 and an angle-of-attack of
8.50. Figure 38b shows the predicted 3-D pressure digtribution on the upper
surface of the forward swept wing. As can be geen, the chordwise pressure
distributicn 1ls somewhat flatter than that predicted in most of the other
cases, Figures 38c and 38d show the predicted pressure distributions at
N =0.4and M =08, Itis interesting that the lower surface pressure
distributions are much flatter than those usually associated with supercriti-
cal airfoils. This provides an example of one of the non-standard configura-

tions that this program can accept.
h. Low Aspect Ratio

The next cese calculated consisted of a low aspect ratioc wing-body
case (Figure 39a). Again, noc data exists for this configuration., The config-
uration consists of an F-102 body and planform (Reference 59). The airfoil secticn
used in this case is a NACA 65A006 section. The wing planform has a leading
edge sweep of 60.1O and a trailing edge sweep of -SO. The aspect ratio of
the configuration is 2.1 and the taper ratio is ,023. The flight conditiocns
used for this case are a Mach number of 0,90 aznd an angle-of-attack of LC,
Figure 30b shows the 3-D upper surface pressure distribuiion for this config-
uration. Tigures 39c and 39d show the pressure distributions for span stations
N = C.t and M = 0.8, A case such as this is particulariy taxing on the
internal mesh generators. In this particular case, the interior mesh had to Dbe
adjusted beyond the tip to avoid having the XI = 0 and XI = 1 mesh lines cross
beyond the tip. This leads to a large amount of mesh bending at the wing tip.

Tt is spparent that some care must be exercised in setting up the geometry of

guch a configuration. However, this case demonstrates that the program can

102



handle such a case.

i. Transonic Transport

The configuration for the transonic transport is in Figure 40a (Reference 60)

This was an isolated wing calculation; however, the experimental results are
from wind tunnel tests of a wing-body configuration. As can be seen, this
configuration is an example of a case with non-constant leading and trailing
edge sweeps. The aspect ratioc of the reference trapezoidal wing for this
case was 8.55, The airfoil section used in this wing is a Grumman designed
supercritical wing. The wing was designed for use in the presence of winglets
at the tip and an engine nacelle over the trailing edge at the root. The
effect of the nacelle is te virtually eliminate the shock inboard. The effect
of the winglets is to straighten the isobars near the wing tip. Consequently,
the results showm here do not truly represent the design conditions for the
wing. The Mach number for this case is 0.81 and the angie-of-attack is 20.
The experimental results were obtained from wind tunnel tests at an angle-~of-
attack of 30. There was some uncertainty as to the wing root incidence on
the model. BSince a computational angle-of-attack of 2° seemed to give better
agreement with experimental data, this angle was used for all of the calcula-
tions. It should be noted that the airfoil ordinates used included a boundary
layer, Consequently, only an inviscid calculation was performed. TFigure LOb
shows the upper surface pressure distribution for the isgolated wing.

Figure LOc shows the pressure distribution at nexp = 0,16 and npre =145,
The agreement for this station is not very good. However, this is to be
expected because the computations were carried out on an isolated wing, while
the wind tunnel tests included the body. Figure 40d begins tc show better
agreement as the effects of the body begin to decay. At nexp = 0.5
(npre = 0.509) (Figure 40e), the agreement gets better although the drop in
the upper surface pressure at x/c = 0.45 is not predicted. At nexp = 0,70
(npre = 0.727) the agreement between predicticn and experiment is guite good.
The effect of the body is cbviously felt quite far ocut on the span. This case
shows that pressure distributions on wings in the presence of bodies camnot
be accurately predicted from isclated wing cases except possibly over the
outer quarter of the span. Conseguently, it is important to include the

body in the geometry model and the more accurate the body model the better
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the results obtained from the code will Dbe.
J. Advanced Fighter

Figure Wla shows a typical advanced fighter concept for which data
is available (Reference 61). For this case, we see that a strong shock is
predicted at the wing root in the calculation, as shown in Figure 41b. The
experimental data shown in Figure L4lc indicates that the caleulations are
incorrect at the root. This problem continues to dominate the flowfield until
about midspan. At 627 semispan, the predictions begin to show reasonable agree-
ment with experiment. The striking error now occurs on the lower surface,
where the small disturbance theory sclution coasistently over-predicts the
high pressure on the lower surface uniformly over the entire chord., In addi-
tion, the comparison suggests that the calculation is being made abt a Mach
number that is too low. There is no question that the main problem in this
prediction occurs at the root station. One source of the error in this case
is the decambering of the airfoil section in the glove region, which could
only be approximately modeled in the present calculation. However, this
simplification does not explain the lower surface pressure discrepancy, which

occurs consistently across the span.

k., Summary

The preceding results show that the program can reliably prediect the
transonic flow over a variety of configurations. The extreme sensitivity of
transonic flows to a precise specification of freestream conditions has been
demonstrated by the RAE "A" calculatica. For ﬁings with conventicnal sections
and advanced transonic transports, the program is capable of making gcod pre-
dictions up to the angles-of-attack at which massive shock induced separation
is predicted., The advanced fighter predictions require further study. In
this case, the flowfield is well removed from a "small-disturbance” state and
the wing-root-glove fuselage disturbances are becoming important and should
be investigated. Nevertheless, these predictions reflect the encrmous advances
in the ability to compute three-dimensional wing-body viscous transonic flows

during the course of the present effort.
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(b) Upper surface pressure distribution
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(b) Upper surface pressure distribution
FiG. 34 (54HI8
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(2) TND-712 Configuration
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(@) Upper surface pressure distribution
FI1G, 35 TND~-712
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(a) L5IFO7 configuration

(t) Upper surface i(sctars
FIG, 36 LSIFO7
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(a) Basic model,

Wing geometry
/LC/2=35
AR = 6.0

A= 05
t=2,74"
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(1) Low aspect ratio configuration
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6./8
282

@ Transonic transport configuration

(b)) Upper surface pressure distribution
FIG. 40 Transonic Transport
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(@) Advanced techinology fighter

(v Upper surface Pressure distribution
FIG. 41. Advanced fighter
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4. DETAILED DATA COMPARISONS — TACT AND F-8
a. TACT

The Transcnic Aircraft Technology (TACT) program provides an extensive
set of wind tunnel and flight data on a modern supercritical wing design with
which the computer code can be compared. The TACT program is described in
Reference 62. The general aircraft layout is shown in Figure 42. For the
transonic flight conditions of interest, the wing sweep was 267, A typical
TACT airfoil section is shown in Figure 43, which was taken from Reference
63. The glove sections were assumed to be the same as the extrapolated wing
sections for the calculations presented here. The characteristic wing twist
(which is contained in the ordinate definition) is shown in Figure 44. Figure
45 shows the aeroelastic twist increment for M = .91 (Reference 64). A
similar increment was applied to the M = .86 case. The pressure orifice loca-
tions at which pressure data from Reference 65 and 66 is available are shown
in Figure 46. The calculations were carried out for this case using the MSD
Theory equation, with six viscous-inviscid iterations required to obtain a con-
verged solution. The Reynolds number based on mean aerodynamic chord was
25.3 million, which corresponded to the £light test condition. The case was
run at a second angle-of-attack to demonstrate the sensitivity of the calcula-
tion to angle-of-attack change. For this configuration, NCR differencing was
employed due to the FCR prediction of the shock exactly at the trailing edge,
which made the initiation of the viscoué interaction difficult due to the
absence of an adverse pressure gradient at the trailing edge.

The effect of the aervelastic twist increments on the calculated pressure
distributions can be seen in Figure 47. The dashed line in these curves repre-
sents the calculated pressure distributions over the wing with only the built-in
twist modeled. The solid lines represent the calculated pressure distributions
with the inclusion of the aerocelastic twist increments in flight article.
Figures 47a through 47b show the effect, at a Mach number of 0.9 and an angle-
of-attack of 5.20. Figures 47e through 47h show the effect at a Mach number of
0.85 and an angle-of-attack of 70. The effect is significant and, as would be

expected from the aeroelastic twist increments shown in Figure 45, the effect
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increases at the outboard span stations.

Figure 48 shows the comparison of predictions and measurements at Mach
0.91. The solid lines represent the cazlculations at an angle-of-attack of
5.20 and the dashed lines represent an angle-of-attack of 6.2°, The measure-
ments were made at an angle-of-attack of 6.20. The first span station shown
(Figure 48a) is at T = 0.400. As can be seen, the leading edge pressures are
generally underpredicted. Tn the mid-chord region, the lower surface is better
repregented by o = 5.20. An increase in computational Mach number would prob-
ably give better correlation over the leading edge. Figure 48b shows the
correlation at ﬂexp = 0.570, npre = 0.618. Again, the upper surface shows
better correlstion at o = 6.20, except at the trailing edge., The lower surface
is not well predicted at either angle-of-attack, probably due to the fact that
the glove and, in particular, the flowfield arcund the engine intakes is not
modeled. The effect of the flowfield about the engine intakes can be expected

to have a large effect on the lower surface pressure distribution. Figure L8e

(ﬂpre 0.76k, nﬂxp = 0.756) again shows better correlation cn the upper sur-
face at o = 6.20. The lower surface shows better correlation at o = 5.20.

0.909 (nexp = 0.921), the same trends hold (Figure 48d). Over the

1l

AT

entire span, the upper surface generally shows better correlation when the
computational angle-of-attack agrees with the experimental angle-of-attack,
in contrast to previous efforts, which indicated that the lower angle-of-attack
should be used.

The correlations at Mach 0.86 are significantly better than those at Mach
0.91. The solid line represents calculations at an angle-of-attack of 70 and
the dashed lines represent an angle of attack of 8°. The measurements were made
at an angle of attack of 8° for the flight tests and 7.31° for the wind tunnel
tests. The upper surface at npre= 0.400 (Figure 49a) shows considerable scatter
between the wind tunnel and flight test results. The predictions again show
better agreement at the actual angle of attack on the upper surface. The correla-
tion here is much better with flight test data than with wind tunnel data. The
lower surface correiation is again rather disgppointing, for the same reasons
noted above. Figure 49b again shows the same trends, and in fact, these trends are
duplicated over the rest of the span. Figure 49¢ ( ﬂprg 0. 76k, nexﬁ 0.756) shows
excellent agreement as tc the location and sirength of the mid-chord sheck at

o = 8O . At o = To, the shock is predicted too far forward. At this span

139



station, correlaticn is better with wind tunnel measurements than with flight
test data. Figure 494 also shows better correlation with wind tunnel measure-
ments.

It is apparent that upper surface agreement is better when the comput-
tational angle of attack is the same as the experimental angle of atiack. The
inboard upper surface would show better correlation with experiment if the glove
was modeled explicitly. The lower surface agreement may be dominated by the
effects of the engine intakes. The correlation would be greatly improved if
the flow field around the intakes was modeled by modifying the body slopes to
include the effect of this flow field. In the absence of such modeling, the
lower surface correlation seems to be improved by decreasing the computaticnal
angle of attack.

Figure 502 shows the TACT outer panel locating the separation regions
oceurring on the panel. On the upper surface, as shown, there is a shock
induced separation region near the trailing edge. This region covers most of
the mid-span region. On the lower surface, there is a large separation region
occurring in the cove. The extent of this region generally decreases on the
outboard sections of the span. Figure 50b shows the three main regions requir-
ing special treatment on a super critical section such as is present on TACT.

The effect of adding a boundary layer on the solution, can be seen in Figure 50c.

140



D

£1G6. 42 Three view drawing of TACT aircraft

—

FIG. 43 TACT wing section
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FIG. 44 TACT wing twist
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FIG. 45 Wing twist increments
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FIG 46 TACT wing pressure orvifices
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b. F-8

The NASA F-8 Supercritical Wing Program provides an excellent
opportunity for comparing the computer program with an extensive set of
recently declassified wind tunnel and flight data. The details of the experi-
mental program are surveyed in Reference 67, The F-8 supercritical wing was
designed for a cruise 1ift cecefficient of .4 at a Mach number of .99. After
further testing, area rule fuselage modifications were developed with the
intenticon of producing a weaker shock pattern at speeds approaching Mach 1.0,
In addition, vortex generators were added to the lower surface leading edge
of each wing. These vortex generators were designed to alleviate an unstable
pitching moment problem that cccurred at high 1ift coefficients. Both the
model and flight test vehicle were tested with area rule bedy additicns and
vortex generators on and off. The configuration for which predictions were
made and results were compared had the area rule body additions on and the
vortex generators off.

The basic configuration tested is shown in Figure 51, Note that the
wing is mounted at the top of the body with a glove extending far forward
over the fuselage. The amount of blending between the wing and the body is
extensive., This blending was not specifically modeled in the geometry input
to the program, Instead, the body geometry computational input was based on
the area distribution given in Reference 68, which included the area rule
fuselage additions. Figure 52 shows a typical streamwise gection of the
supercritical airfoil used in the F-8 program. The wing twist present in
the model, together with the loaded and unloaded flight test wing twist, is
shown in Figure 53. The twist distribution input into the program is that
shown for the model with the model ajrfoil sections employed, The experimental
pressure distributions were measured at the locations shown in Figure 5k,

The experimental data, used for the comparisons to follow, was obiained from
References 68-70.

The calculations were carried out with the viscous interaction option
for a Reynolds number based on the mean aerocdynamic chord of 10 miliion for
the M = .99 case and 9 million for the M = .90 case, which corresponds to
the flight condition. Transition was specified at 5 percent chord. Start-
ing from a saved inviscid solution, with U4 inviscid-viscous iterations required

in order to converge, such that the wing 1lift ccoefficient changed by less
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than 002 between iterations. Figure 55a shows the experimental spanloads
obtained from flight and wind tunnel test at a Mach number of approximately
0.90. From this, the cases chosen for comparison were the flight test at

an angle-of-attack of h.030 and the wind tunnel at an angle-of-attack of
3.56°. The computational angle-of-attack was 3.56°. The calculated span-
load appears as the solid line in the figure. Figure 55b shows the measured
spanloads at M = 0.99. The cases chogen for comparison at M = 0.99 are a
wind tunnel angle-of-attack of 3.&3O and a model angle-of-attack of 3.330.
The calculated spanload is shown as the solid line in the figure. Calcula-
tions are compared for both 3,33 and 4.33 degrees angle-of-attack.

Figure 56a begins the detailed pressure comparisons as can be seen, the
computational span station wasat npre = ,327. The experimental span station
was at ﬂexp = 0.306. As noted in some of the other cases, this close to the
body, where the spanwise gradients are relatively high, the agreement would
probably be better if the experimental and computational span stations were
closer. The upper surface is not well predicted, possibly due to the rela-
tively simple body model used, without the wing/fuselage blending and body
carry-over effects. With a more detailed body input, the results could be
expected to improve at the inboard wing sections. Figure 56b (1 = 0.473,

pre
ﬂexp = 0.480) shows better agreement near the trailing edge, especially with
the wind turmel data. The forward part of the upper surface is still not
well predicted, although the lower surface leading edge pressure distributiorn
is well predicted. It can be seen in Figure 56c, that the agreement improves
pre = 0.655, ﬂexp = 0.653)

shows better agreement over the entire upper surface. Even the leading edge

moving outboard on the span. This span station (T

peak is relatively well predicted. The next span station (npre = 0.800,
nexp = 0.804) again shows better agreement on the upper surface (Figure 56d).
The final span station (npre = 0.945, ne@ = .933) shows decent overall
agreement with experimental data (Figure 56e) although as in the previous
span station, the predicted lower surface Cp's are somewhat lower than the
measured values. It appears that some adjustment of computational angle-of-
attack and/or Mach number would yield better results, although the primary
factor would be a better body model.

The Mach = 0.99 comparisons begin with Figure 57a (npre = 0.291, nexp =
0.307). The solid line in the figure is the prediction at an angle-of-attack
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of 3.330, the dashed line represents predictions at an angle-of-attack of
h.330. As can be seen, o = h.330 tends to give a more realistic leading
edge peak although again, the body effect may be incorrectly incorporated
and the overall agreement is somewhat disappointing. Over the rest of the
section, o = 3.33O yields somewhat better results. Figure 57b shows the
results at 1 = 0.473, T_ = 0.480. An angle-of-attack of 4.33° again
yields better results at the leading edge. The scatter in the experimental
data over the rest of the section makes comparison with prediction somewhat
difficult. However, it appears that the lower surface leading edge flight
test data is better predicted at o = 3.330, while the wind tunnel data is
better predicted at o = 4.33°. In Figure 57c (Mo = 0.655, Ny = 0.653),
it can be seen that the entire upper surface is better predicted at o =
h.33o. The lower surface is not well predicted at either angle-of-attack.
Again, there is significant scatter in the experimental data. The next

span station {7 = 0.800, 1 = 0,804) again shows better upper surface
exp

agreement at o 1=Jrle+.330, and again, the lower surface data is reproduced at
neither angle-of-attack (Figure 57d). It appearg that an increase in %he
computational Mach number would lead to improved correlation. The final
span station (npre = 0.945, nexp = 0.933) shows better agreement with flight
test at o = 3.33° and better agreement with wind tunnel data at o = h.330
on the upper surface {Figure 57e). Again, the lower surface is not well
predicted at either angle-of-attack and an increase in computational Mach
number would improve the correlation.

The overall correlation between the computational predictions and the
flight and wind tunnel experimental results is perhaps disappointing. However,
the highly blended fighter type configurations present the most challenging
cases for the present program. The complex contributions of both body and
vigscous effects, together with the potentially large effect of aeroelastic
corrections provide several sources to investigate for the disagreement
between computation and experiment. Supercritical flows are relatlvely
sensitive to the various effects so that configurations such as the F-8

provide a good baseline for further investigation of the computational

methods.
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Figure 51. Three View Drawing of F-8 Supercritical Wing Aircraft

|

. -

Figure 52. F-8 Supercritical Wing Section Near Mid-semispan
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5.  COMMON INPUT/OJTPUT FEASIBILITY
a. Introduction

Typical aerodynamic analysis and design assignments require the
aerodynamicist to draw on a variety of previously obtained aercdynamic
data and computational aids, as well as experience and judgement. As
computer capabilities have expanded, correspondingly elaborate aerodynamic
flowfield prediction computer codes have been developed. These codes can
now provide reliable predictions for some fairly realistic configurations
and flight conditions, These advances have led to a greatly increased
reliance on computer codes to provide aerodynamic predicticns. The
increased dependence on the camputer leads to some fundamental changes
in the approach to large engineering jobs in general, as well as to the
specific aerodynamic jobs. In this feasibility study, we make a brief
survey of the modern engineering environment and identify the procedures
regquired to maximize the use of the available computing regources.
Clearly, the proper interfacing of the various computer codes via the
input/output data streams is one of the crucial steps in efficient use
of computer systems.

b. Common I/0 - A Systems Viewpoint

Large government procurement programs involving the development
of technologically advanced systems require precise plamning and manage-
ment in order to proceed on schedule and within budgetary constraints.
The systems approach to the management of the engineering tasks is
usually termed an "integrated design procedure."” Grumman's integrated
design procedure is RAVES - Rapid Aerospace Vehicles Evaluation System
(Reference T1). RAVES evolved from a previous system used at Grumman
to manage the F-1li structural design.

In concept, RAVES includes all major aerospace vehicle analyses
which are formulated via computer programs. The main function of RAVES
is to develop a systems framework or architecture into which computer
programs from all technical disciplines can be integrated, resulting in
a dats management system that can dynamically pass data from one program
to another. RAVES can fUnction for the full scope of the engineering
design effort, from preliminary design through detail design. The system
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uses a time-share computer with remote Jjob entry links to the batch
computer. The time-share computer is used for user/computer hardware
communications, to assemble data, and to run the smaller computer
Programs; the batch machine is used for the execution of the larger
computer programs. Users run programs from remote terminals equipped with
scope and digitizer facilities.

By msking block diagrams of the flow of information required for a
design effort, the input and output requirements of individual computer
analysis can be integrated into the entire system. This approach then
leads to a set of consistent I/0 specifications for all computer codes
in the RAVES system. The resulting system ensures a smooth Flow of data
from one program to the next, with a minimum of routine data manipuiation
at the interface between analysis programs. Figures 58 and 59 contain
samples of the block diagrams which can be usged to manage the data flow.

Aerodynamic routines contained in the block diagrams are lsbeled
as AXX, where XX refers to a specific aerodynamic program. One aero-
dynamic program is actually used solely for the conversion of the pre-
liminary 3-view drawing to an analytic description of the surface
definition. This program is shown in Figure 58 and is designated
A9-QUICK, TFigure 59 indicates the location of the panel method wing/body
codes in the design envirornment. The present code will supplement these
codes at the same location in the diasgram. The need for common input/
output is evident from this diagram, since all these codes occure in bhe
same location in the functional diagram and a typical design effort will
require predictions from each of these codes.

c. Common I/0 - The Aerodynamicist

Aerodynamic analysis reguires the ability to operate s Large
number of different programs. Thus, in addition to a knowledge of aero-
dynamics, the job requires familiarity with the input peculiarities of
each program as well as the particular notations used in the output of
the solution of each program. Differences between these programs often
lead to painful time delays and confusion. It is, of course, the immense
range of powerful aerodynamic simulations available to the aerodynamicist
via the camputer that brings about these problems. Without careful
planning, we in fact, have an embarrassment of riches. Unless this

situvaticn is brought under control now, the future promises to bring
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even more confusion. More and more codes are becoming available, each

with its unique data structure and output format. The final result could

be that the improving computational capabilities will not be fully

reflected in actual engineering practice due to common I/0 limitations.
d. Common I/0 - NASF

NASF, the Numerical Aerodynamic Simulation Facility, is a NASA
proposed centralized facility that would be made available to the aerospace
community in much the same manner that NASA Wind Tunnels are made available
(Reference 72). The facility would house a new special purpose computer
designed specifically for the predicticn of gerodynamic flowfields and a
hierarchy of computer codes that would be dedicated to this particular
machine, each code providing the flowfield simulation at a different level
of sophistication. Any internal or external common I/0 efforts must be
closely coordinated with this effort, since the coordination of the data
set for NASF with in-house aerodynamic tools will be by far the most
important requirement for effective use of thig facility.

e. QUICK - A Baseline Code For Generating Body Definition

The tool for generating the basic body definition for aerodynamic
simulation is presently available. Designated A9, QUICK is already part
of the Grumman RAVES system. Reference 73 describes this code. Brief'ly,
QUICK provides a simple method of rapidly defining an accurate computer
model of complex vehicle geometry. The primary mctivation which gulded
the development of QUICK-GEOMETRY was the elimination of the redundant
task of remcdeling geometry input to run different programs. With this
system, only a single effort is made to extract a mathematical model from
the design drawing. This math model can then be manipulated by computer
subroutines to generate the required geometry input data decks, The math
model is quite general and meets all the fundamental requirements of a
geometry model:

(1) 1t is independent of the reference source of configuration
geometry, hence the model can be developed with egqual facility from a
conceptual description, a lines drawing, or a configuration as stored in
the Grumman Master Dimensiocons System.,

(2) 1t is adaptable to both manual input using ruler and template
to specify local geometry, and to machine assisted digitized input,

which can measure selected points or trace out a series of points along
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an arc.

(3) Thne model is sufficiently flexible to adapt to various types
of analysis., It will deveiop comparable models for different analyses and
comparable models for different configurations., It will easily adapt
models to various restrictions imposed by analysis limitations,

(L) Subsequent model refinement, when necessary to support a
more detailed analysis, or to keep pace with actual configuration changes
can be rapidly made to the inltial quick response model.

(5) Uses a "building block" approach which defines each config-
uration component in its own natural coordinate system to simplify its
geometric def'inition. This also makes it possible to modify existing
models by scaling, translating or rotating components and to select com-
ponents from a catalog of standard ones,

{6) The model is very concise and can, therefore, be stored
efficiently in a computer data bank (such as RAVES ).

The QUICK-GEOMETRY system is heing applied in a number of ways. As
part of RAVES, it is used as a common source of vehicle geometry which is
drawn upon to generate a variety of geometry input data decks, In pari{icular,
data decks conforming to the Harris input format (Reference T4), which has
become a standard at NASA Iangley, can be generated. In another RAVES
application, QUICK-GEOMETRY has been adapted to a vehicle lofting system.
The most sophisticated application %o date, has been to integrate the QUICK-~
GEOMETRY system with a numerical flow code which calculates the steady/
supersonic/hypersonic inviscid flow around real configurations (Reference
75). In this application, vehicle geometry {surface coordinates, slopes
and normals) are generated as required by the flow analysis code.

Figure 60 shows some examples of the typical model produced by QUICK.
Because the code described in this report contains a very basiec body
simulation, the QUICK code has not been incorporated. This allows the
present code 4o retain its stand alone configuration. The body modeling
used in the present code hag, however, been strongly influenced by QUICK.
Tt appears that the proper use of QUICK would be to continue to operate
QUICK as a stand alone format, with capability of simultaneously generating
data sets for the various aerodynamic programs.

Although QUICK-GEOMETRY modeling might not be required for all appli-
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cations, this body oriented system (which is generally available through
NASA) would allew for s universal input set that would meet the require~
" ments of all the various aerodynamic programs. Crumman is presently
considering constructing a processor +o automatically generate body panel
models for sub- and supersonic linearized codes. We can conclude that
common body input is feasible and the basic elements already exist for
common subsonic, transonic and supersonic code input. The main considera-
tion in the construction of common input is the particular system of codes
and the particular time-sharing system.
f. Wing Definition
The planform/section modeling problem is less complicated than the
body case. The representation of the planform by (y, x) pvairs is relatively
simple and very good accuracy can be achieved. Because QUICK is oriented
toward body cross-sections (which are natural for bodies), it is not
approepriate for most wing section definitions, although low aspect ratio
wings are adequately treated by QUICK. The wing thickness should be
defined by inputting streamwise sections. The method of input employed in
the present code should form a bagseline for I/O standardization. In fact,
by using the thickness scaling option, it should be pogsible to use the
same airfoil ordinate deck for both this code and the various 2-D airfoil
analysis codes in most cases.
g. Feasibility of Including Graphical Results
Common output should include a uniform set of Plots and a uniform
nomenclature. This allows for verification of the geometry and should also
be sufficient for report and presentation figures. The graphics package
included with the present program provides wing/body gecmetry verification
level consistent with the actual geometric treatment.
h. Common Qutpub
We also endorse a uniform output of results for various codes.
At present there is usually e significant confusion factor concerning just
exactly what each different code outputs. Subtle changes in the various
definitions of output quantities between various codes is a continued
source of frustration. In the present program, the output will be
presented in as clear and definitive manner as possible. 1In fact, the
output appears to be one of the best formats of any of the contemporary

codes,
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i. Recommendations for Common I/0

{1) The fieid of computational aerodynamics has reached a
sufficiently high maturity level that commonality between code input/
output must be a consideration in code development.

(2) Practical operation of the NASF concept will require a
standardization of I/0.

(3) Crummen's QU.CK Geometry Modeling should form the basis for
body and low aspect ratio wing modeling,

(4) The present code I/O has been developed with an awareness
of common T/0 considerations, so that it could easily be modified to
conform to any standardization of I/O for aerodynamic simulation -- it

is feasible to couple this code to QUICK,
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6. DESIGN FEASIBILITY

a. Introduction

Although the use of the computer to simulate the flowfield about a
vehicle with a specific geomebric configuration is an extremely useful and
important capability, it is an indirect response to the aerodynamic design
question. The aerodynamic design question is, of course, typically posed at
several levels, starting with some vague and general question about the "best"

shape of the airplane for a particular mission, and proceeds to more speciflic
and detailed guestions concerning the actual wing lines, subject tec a large
variety of constraints. Often, a wing is designed using computer programs3
“submitted”and wind tunnel tested. 1In the analysis mode, the aercdynamic com-~
puter programs are being used to simulate a wind tunnel. OFf course, the com-
puter simulation can be used rmmch sooner in the design cycle than a wind
tunnel test and this strategy should produce an improved final design at a
reduced cost, in a shorter time period. This is, of course, the proper initial
introduction of the computer simulations into the wing design process. Indeed,
this technigue has been adopted for subsonic and supersonic wing desgign for
sone time, Transonic wing design efforts have only recently started using
fully transonic three-dimensional wing-body computer simulaticng in the
design cycle.

Once the computer is inbtroduced into the design cycle, it becomes evident
that it can be used in 2 fundamentally different mode than fto simply supple-
ment wind tuunel testing. The use of flowfield simulation in this manner is
naturally referred to as the "design mode," as opposed to the "analysis mode"
of operation. A "design mode'” has been available for linearized subsonic and
supersonic flowfields since shortly after the analysis codes became available.
The most extensive use of a "design mode" appears to have been the elaborate
system of supersonic wing design codes that evolved from the work of Carlson
and Middleton (Reference 76). After a brief review of the design problem and
some of the presently employed tools, we attempt in this study to identify a
reasonable approach to the use of the present three-dimensional transonic

methodology in a design mode, which is then illustrated with some examples.
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b. Review of the Design Process

A variety of possibilities emerge when the problem formulation for a

"design mode" of operation is explored. The reason for this range of possi~
bilities can be attributed to the manner in which the design problem is posed,
as noted above, Tdeally, the aircraft designer would specify the aircraft
mission (or missions) and a computer program would provide the detailed lines
of the optimum aircraft., Of course, we do not expect that guch a smart com-
puter progrem will exist for some time. However, most aircraft companies and
governmental agencies routinely employ programs that predict the gross fea-
tures of an optimum aireraft for a particular missicn with some assumption
regarding the rate of development of various technologies. These programs
also include a large data base developed from previous aircraft designs. Typi-
cal aerodynamic outputs from the programs are i) Aspect Ratio, AR; ii) Taper
Ratio, h; iii) Sweepback, f; and iv) Thickness Ratio, t/c. Usually a target
drag level for the configuration is also specified. Typical examples of this
type of program are the Grumman CISE program (Reference 77) and the Ames
ACSYNT program (Reference 78).

Hence, the compubter is used to determine the coverall features of the
reguired airplane. The typical aerodynamic design problem thus beccomes less

vague and more manageable, with the statement being reduced to something along

the following line:

Given: o AR, A, A, t/c (basic geometric requirement )
o M_, R, (flight regime)
o C
Lerutse
or Design Goal

c j

DVAX ALLOWABLE
Find:* o C for C

Dz LCRUTSE
or Design Goal
¢, for C )

MAX MAX ALT.OWABLE

* Note that although this is $he typical problem statement, each is actually
a requirement to obtain I/D max+ In one case, L is specified, in the
other, D (or thrust) is specified and thus, from the mathematical point of
view, each of these statementg are essenitially equivalent.
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o Detailed Geometry - Detailed Aerodynamic Aircraft Design,
Definition,

subject to geometric constraints on twist, camber, root bending moment, ete.,
and aerodynamic requirements on performance at other flight conditions.l At
this point, we could begin te consider the use of a computer code directly te
help determine the optimum aerodynamic shape and performance that can be
obtained for the specified problem. More typically, the desigrer employs his
experience and judgement to specify a desired pressure distribution. This
type of program is usually described as an "inverse method," while a program
that attempts to address the problem more immediately is usually termed an
"optimization method." Each of these approsches has itg own strengths and

weaknesses.,
A contrast between ocptimization and inverse methods can be summarized

as follows:

Optimization Inverse
o Requires many analysis o Generally as fast as a single
submissions for a single anslysis.

design case.

o Solution depends critically o The geometry may not always exist
cn the user assumed form of for a given pressure distribution.

the answer.

o Can handle a variety cf o Difficult to treat off design and
geometric and off design geometric constraints.
constraints.

o If performed through large o Bolution 1s a direct result of best
optimization code, solution current "aerodynamic thinking."

is not obtained from "aero-
dynamic thinking."

Another drawback of the optimization approach is that the path taken to
the final result is often rather obscure and the relative importance of the
various aspects of the final design produced in this manner are not readily
apparent.

The optimization techniques presently employed in the design methods are

of the "search" type, and do not employ any of the elements of calculus of
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varigtions in order to obtain the maxima. Although an entire book (Reference
79) has been devoted to aerodynamic optimization using caleulus of variations,
these concepts have not yet proven to be valuable for the class of optimiza-
tion problems under study here. It would not, however, be wise to automati-
cally dismiss these methods from consideration in general, although we will

not discuss these methods further in the present study.
c. Review of 2-D Transonic Design Methods

A variety of numerical approaches have been used to design transonic
airfoils. The book by Thwaites (Reference 80) discusses the classical approaches
%o the incompressible inverse methods and points out that some judgement must
be used by the designer in specifying the desired pressure distribution; a
sclution does not necessarily exist. Inverse methods for transonic speed air-
foil design have to contend with this same problem. However, in practice the
aerodynemicist has heen able to use inverse methods without any undo hardship.
Typical inverse methods are due to Tranen (Reference 81), Volpe (Reference 82)
and Carlson (Reference 83). The programs have proven to be very useful and
Figures 61 and 62 show examples of the applicaticn of Volpe's program to high
performance and c¢ruise section design, respectively. The cruise section is
an example of a mixed design, where the top of the original design airfoll was
retained and the bottom of a section designed to have the same upper surface
rressure distribution as the original and a lower surface pressure distribu-
tion with reduced pitching moment was employed. This example shows how the
inverse methods are in practice quite versatile.

The "numerical optimization" approach to airfoil design appears to be a
very recent concept, unlike the inverse methods, which were available in the
forties for subsonic flows (like many of the currently used aerodynamics
methods, inverse methods for detalled aircraft work were not routine engineer-
ing tools until the widespread availability cof computers). An initial study
of numerical optimization was presented in 1974 by Hicks, Murman and Vanderplaatg
(Reference 84). The underlying idea in thig approach is to couple a modern
optimization code with an aerodynamic analysis code. The airfeoil design
problem is then cast ag an optimization problem and the entire apparatus
associated with optimization methods can be brought to bear or the problem,
Hicks and co-workers are continuing to work along these lines and the evolu-

tion of the concept has been very interesting. The most attractive aspect of
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the optimization method is its ability to handle design constraints. These
constraints include both off design performance requirements and design peoint
geometry restrictions. Ballhaus (Reference 14) has recently reviewed the
procedure and the report by Vanderplaats and Hicks (Reference 85) provides the
nost detailed description of the techniques used to formulate the design prob-
lem as an optimization problem,

Another approach to transonic airfoil design must be mentioned in any
review. Hodograph methods have been used to design some very good airfoil
sections. The method has proven to be very productive in hands of the profi-
cient operators at the Courant Institute (Reference 86). However, because the
method seems to have no application in three-dimensiong, it will not be dis-
cussed further in the present study.

The optimization method of aerodynamic design is one of the more promis-
ing methodologies under development; there are some drawbacks at present which
need to be examined. These drawbacks are mainly relsted to computer run times.
In optimization methods jargon, optimization methods minimize some "objective
function," which is a function of a set of "design variables" subject to a
set of constraints. The "objective function" could be drag, for example,
while the "design variables" are typically the variables used to specify the
shape of the airfoil., The constraints could be airfoil thickness, off-design
drag values, or virtually any other requirement that might arise in practice.

The selection of the appropriate objective function and design varisbles
are crucial to the success of the optimization methods. Although drag is the
most direct measure of aerodynamic performance, the transonic methods do not
presently predict drag within the extreme accuracies required for acrodynamic
design. Indeed, the computation of 2-D transcnic drag is only now becoming
a possibility, with accurate engineering codes for general application still
not available. Although incremental drag changes are quite useful, an optimi-
zation procedure that compares absolute values of wave drag, induced drag and
profile drag demands an accurate prediction of absolute drag values of each
of these components. The pilot calculations performed by Hicks and co-workers
have concentrated on minimizing the wave drag of transonic airfoils. Although
wave drag can be computed over an inviscid foil, the shock which generates
wave drag also increases the form drag due to the thickening of the boundary

layer at the shock wave. Experience suggests that for typical modern transonic
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airfolls, the wave dreag is small compared to the form drag and relisble com-
putational methods which could be used to accurately investigate the trade-
off in various drag components are only now being developed. This is an
example of the present difficulty in specifying a valid objective function.

Az an example of the application of the optimization method to transonic
airfoil design, we examine a pressure distribution from a recent publication
by Hicks and Vanderplaats (Reference 85) presented here as Figure 63. In this
case, the wave drag is reduced from that of the baseline foil by altering the
pressure distribution from one which accelerated continuocusly into the shock
wave to a constant rooftop type pressure distribution which maintaing the sec-
tion 1ift while decreasing the shock Mach number. This is entirely consistent
with current practice in airfoil design. It might be more instructive to begin
with a section designed by the hodograph method or an inverse method and investi-
gate improvements to these foils using optimization techniques. This would
appear to be the appropriate method by which the relative effectiveness of
optimization methods could be illustrated. A particularly interesting example
would be a case in which the off design characteristics of a foil designed by
the hodograph method are improved using optimization techniques.

The "design variable” gpecification is perhaps the biggest challenge in
the application of optimizatiom methods. In orinciple, the number of airfoil
ordinates used to specify the shape could each be used as degign variables,
however, if 60 upper surface and 40 lower surface points (a typical number of
ordinates) are used, then there are 100 design variables. In practice, no
more than about 10 independent design variables can be treated reliably. Thus,
the airfoil shape must be constructed from shape functions that desgcribe more
than a gingle ordinate; i.e., coefficients of polynomizlg used to approximate
airfoil shapes. Experience led to the realization that polynomials were not
appropriate "shape functions', and schemes that use linear combinations of
present supercritical shapes and local geometric perturbations to these
shapes appear to be the most practical method to cbhtain useful results with a
gmall number of design variables. It is important to realize that the op-
timization method will only identify the begt of a particular set of possible
airfoil shapes arising from the shape functions. If the actusl optimum air-
foil is not among this set of shapes, the method cammot find this shape.

Hence, the optimization methods require the user to apply as much {and pos~-
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sibly more) insight into the problem then in the use of inverse methods.

In summary, optimization methods would seem to deserve more attention
than they are presently receiving ocutside of MASA Ames. Atbtention should
be concentrated on developing optimization algorithmus that incorporate
gerodynamic concepts more directly, while also providing information on the
relative importance of the various design variables. Advanced airfoil sec-
tion designs will remain critically dependent on the aerodynamic insights
that are not directly a part of the optimization theory; i.e., it appears
that good airfeils are not described by simple analytical functions. TFin-
ally, the direct relationship between viscous effects and airfoil design
has been difficult to include in a reasonable optimization approach.

d. Review of 3-D Trangcnic Design Methods

No general three-dimensional transonic wing design programs are
presently available in this country. Normally, transonic wings are designed
by procedures that employ 2-D transonic tools, panel-method wing-body programs
in the design mode, and 3-D transcnic wing-body programs in the analysis mode.
The detailed design procedures are usually proprietary, however, insight into
typical industry procedures can be gained by studying Reference 88 and 8g.

One pilot 3-D transonic inverse method calculation has been reported by Steger
and Klineberg (Reference 90). Moreover, Schmidt and Hedmen (Reference 91) have
reported results obtained using an inverse method available at Dornier (Germany)
and the FFA (Sweden). In addition, Hall and Firmin (Reference 7) and Haines
(Reference 92) have reported the unpublished work by Langley and Forsey at

ARA, Bedford, England. Pilot calculations applying optimization methods to

3-D wing design have bheen reported in Reference 93.

The comments concerning inverse and optimization methods in 2-D in the
previous section carry over to the 3-D design case. Because there has heen
very little work reported, the review of 3-D transonic design methods is
necessarily short. The work oninverse methods by Schmidt and Hedman (Refer-
ence 89) indicates that a stable iterative procedure can be found snd a con-
verged design obtained. One disturbing aspect of the 3-D inverse method is
the possibility that the solution may be non-unique near the wing root, a

result which was recently reported by Sloof (Reference 94). The extension of



the optimization methods to 3-D is straightforward. In fact, shape functions
for spanwise variations would presumably be less critical and easier to con-
struct than the airfoil shape functions.

In the next section, we illustrate the possible use of the three-
dimengional transonic methodology in a design enviromment by application to

two model problems.
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e. Application of the 3-D Transonic Program to Wing Design Problems
The feasibility of using the present computer program in transornic

wing design as more than a straightforward analysis tool was investigated
through two model problems. The first model problem* was conducted without
using the transonic code, but making use of the NASA optimization program
CONMIN. The main purpose of the excercise was to gain familiarity with the
use of optimizaticn codes in aerodynamic applications. The second model
problem was undertaken in order to assess the effort reguired to introduce
an automatic geometry alteration loop driven by the results of a previous
iteration into the code. The stability of this type of iterative procedure
was also of interest. An inverse method was not investigated because the work
of Schmidt and Hedman (Reference 89) demonstrated clearly that such & scheme
could be implemented.

The first model problem provided an opportunity to cbtain a great deal
of experience using CONMIN. The problem was specified simply as follows:
Using 1lifting line theory for the aerodynamic repregentation of the finite
wing, have CONMIN determine the twist distribution required to minimize the
induced drag. In this case the exact solution can be found to be
c AR(A)  (197)2

T e (oom ! (68

For straight tapered wings. For an untapered wing, equation {(66) for ¥
shows that the basic incidence variation along the span is eiliptic. Ob-
serving the functional form of the exact solution, we note that this parti-
cular ratioc of the root of a second order polynomial to a first order poly-
nomial wowld have been an unlikely selection for the assuned variation of
spanwise twist. To repeat, unless Equation (6%5) was contained as 2 subset
of the functional forms selected for the optimization study the true op-
timivnun twist distribution would not have been found. This fact serves to
demonstrate the importance of using the insight gained from analytical

theories in order to maximize the benefits of numerical solubions.

* The effort described here concerning the first model problem was
conducted with internal Grumman funding, but is included in this report

for complet eness and perspective.
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Indeed, initial efforts to obtain the minimum solubtion using a cubic poly-
nomial for the span variation of twist were not particularly satisfying.
The results never approached the true minimum, and apparently there were
geveral combinations of coefficient values that were equally close to true
minimum, such that several substantially different answers for the twigt
variation could be obtained, depending on the initial guess supplied to the
program. These calculations typically took on the order of ten iterations,
each of which required a number of function evaluations in order to obtain
the local gradient of the objective function. In aserodynamic terms this means
that there were ten main executions of the aerodynamic program, and a number
of "small" executions which were required to be runm long enough to provide the
local gradient of the solution with respect to each design variable. It is
clear that this can quickly lead to an immense amount of computational effort,
Finally, the optimizaftion scheme was run with the design variables con-
sisting of a coefficient to equation (66) and the coefficient of an additional
term added to equation (66). TFigure 64 shows the path through design space

for this two parameter optimization run. Note that the minimum ocecurs when

g

ferent then 2 m was employed). The run terminated after eight iterations, with

= 0, and Bl;w 1 {B,#1 exactly because a 1ift curve slope slightly dif-

the numerical solution predicting that the optimim had been achieved. The re-
sult demonstrated that the program could in fact select the true optimim if it
was empedded in the design variable space. This effort demonstrated beoth the
difficulties and possibilities associated with the use of optimization methods.
The second model problem was congiderably different in concept. For

this problem the question posed was simply: For a given planform and spanload,
determine the twist reguired %o produce the spanload. Initially 1lifting iine
theory was employed to verify that the basic iteration scheme adopted would
converge for a simple aerodynamic model before attempting to incorporate the
iteration intc the main program. The twist was determined by adjusting the
seccion incidence at the finite set of span staticns at which the computation
provided results, without making any assumption concerning the functional re-

lationship between the incidence at adjacent span stations. The basic itera-

tion tested was o - C K
o Ky 1DJ 13
. = o,
D3 7% ——rm— (67)
o K-
1
o,
J



where j denotes the particular span station, D denotes the design condition and

k indicates the iteration number Cla is approximated by

k k-1
cik ] (48)
o k k-1
o - ¥

For the lifting line simulation this iteration procedure converged to the
exact solution given by Equation (66) in about four or five iterations. This
result was obiained without difficulty even though the Cla approximation
given in Equation {63) is very poor for numerical computation due tc the pro-
gressively smaller differences between the values as the iteration converges.

Equation (A7) is equivalent to a more general form:

-1
k. ~ k-1
= k-
D
Where [Ej is an approximation to the actual influence coefficient matrix

which relatesg Cl and o:
fo} =[] fal. (69)

In the present method [ X ] has been given by the extremely simplified relation-
ship in Equation (68) for the diagonal terms, with the off-diagoral terms as-
sumed to be zero. This result shows that [A] can be crudely approximated if an
iteration to determine the final result is allowed. Naturally, as the approxi-
mation to [A] improves, the number of iterations required is reduced.
Modifications to the basic inviscid program to include this type of iter-
ation scheme were incorporated without diffieulty. It was found that a rela-
tively fine grid was required in order to obtain the straight wing result com-
puted previously uéing the 1ifting line aerodynamic mode. Refinemente to the
iteration included the use of underrelaxstion of the twist increment and the
use of the initial Cla value for all iterations. Thege refinements led to a smooth-
1y converging solution that took about fifty percent longer than the basic soclu-
tion, The method was then applied to s h5o swept untapered wing. The refined
procedure led to & soclution with the results obtained shown in Figure 65, which
also contains the straight wing results. In this case, attempts to compute the
result while Cy, changed from iteration tc iteration led to a diverging result

at the point where no shift in angle was required (about L5% semispan), and shows
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that in an actual production program an improved approximation be [A] should
be included. However, this improved [Kj could undoubtedly be constructed with-
out difficulty so that a design option of the type described above could be
included in the basic program without difficulty.

In this section we have demonstrated the variety of posgibilities that arise
when incorporation of design options is suggested. One of the ovtions would
provide immnediate benefits to the designer, while the optimization approach, al-
though dquite promising, would take much more study in order to produce a relia-

ble design tool.
f. A Practical Approach to an Intermediate Design Code

The results of the efforts repcrted thug far provide g basis for con-
sidering how best to approach the question of actually implementing a design
option in the present code., The preceding discussion and exampies have shown
that a variety of design methods could be adopted., The goal of the approach
degeribed in this section is to provide a rational foundation for a code which
would provide the designer with a reliable tool quickly, while also demonstra-
ting basic techniques that could be adopted in more sophisticated transonic
methodologies as they are developed. Any resulting code must be easy to use.
One of the keyg to a successful result is to incorporate a number of features
one at a time in order to reduce the risk. Iach one of these items could be
tested separately in order to assess its practicality before including it in
the actual design option program. The approach described here meebs these
requirements by proposing a "blended" methodology which combines inverse and
optimization methods in a manner that eliminates the weaknesses of each of
the methods when used separately.

The transonic wing design procedure we envision proceeds as follows:

(1) A "target" pressure distribution should be specified in the
manner of present wing design work. This requires some experience on the part
of the aerodynamicist, but this step ig the one in which he can contribube his
insights and knowledge., Readers not familiar with the typical isobar design
procedures employed in industry should consult the papers by Haines (References

95 and 96). It will be some time before the computer optimization procedures

can competently eliminate this step.
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(2) The related baseline 2-D airfoil section (or sections) should be
designed with 2-D inverse methods in the manner presently used. The numerical
resolution available in 2-D programs exceeds any 3-D program, so that baseline
sections should always be designed using the 2-D methods. The 3-D design

efforts will then consider perturbations to these baseline shgpes,

(3) The basic wing twist required to cbtain the desired gpanload
using the 2-D sections found in step 2 should be determined by an iterative
procedure that would be an extension of the model problem procedure described
above. At this point, the designer should have a good Ffirst wing design, which

could be considered the baseline wing for further improvements.

(L) In regions on the wing where the target pressure distribution has
not been achieved, the aerodynamicist should specify the desgired pressure
distribution and an inverse method should be employed in order to debermine
the required geometry modification necessary to achieve the target pressure

distribution.

(5) The key step in the procedure is to examine the geometry modifica-
tions found in step 4. The results found in that step prebably viclated some
basic constraints associated with the design, such as section thickness or
closure. However, the inverse method should have provided the desired shape
function which can then be used in an optinmization procedure, which can then
be used to minimize the difference bebween the target pressure distribution
and the best peossible pressure distribution which can be obtained while also
meeting constraints such as geometric limitations and off-design performance.

The 5 step precedure outlined above requires the modification of the
small disturbance theory program tco include a 'local' inverse method wherein
geomelry and pressures can both be specified over different porticns of the
planform. The other requirement is an optimization class of algorithm which
can minimize the difference between two pressure distributions, subject to s
variety of constraints. Both of these capabilities can be incorporated with-
out difficulty.

The novel idea contained in this approach is the use of the inverse
method to suggest the shape functions which can be used as desigo variables
in the optimization procedure. This procedure removes the main deficiency

in the cptimization metheods by introducing a "natural” shape function which



should allow the optimization procedure to converge guickly to the final
result. This fast convergence is further sided by the fact that the initial
starting point for the optimization program should be “close" to the final
result., Because the inverse method is not required to produce a design meet-~
ing the geometrical constraints, its major drawback is removed. By blending
the two methodologies in the proposed manner, an outstanding transonic wing

design tool could be developed.
g. Conclusions On Design Feasibility

It is feasible to construct an outstanding transonic wing design
tool based on the present transonic analysis methocdology. This code would be
a blend of inverse and optimization methods that would remove the restrictions
inherent in either approach when considered separately. The resulting program
would make only slight additional demands on computing system resources,

Having ocutlined in the last section the approach that would provide this
tool, we recommend that the development of a blended inverse/optimization
method be undertaken. This effort would be based on methods which have already
been demonstrated separately, insuring the success of the new effort. Particu-
lar attention should be placed on the fundamental aspects of the methodology
in corder to provide a solid foundation for continued development along the
lines outlined. One cf the more significant features of the blended approsch
is that the optimization method is basically independent of the aerodynamic

methods and will be particularly insensitive to the refinement of the aero-

dynamic methodology.
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SECTION ITT

CONCLUSTONS

Major advances are being made in the computation of transonic flows

over wing-body combinations. In the present work an inviscid three-

dimensional small disturbance theory program has been coupled with a

boundary layer program and the resulting code re-designed to be extrem-

ely easy to use.

In the new progran the user has the ability to examine a number of

effects:

e}

Vigcous effects via a fully coupled strip boundary layer of infinite
swept wing type.

Local strong shock interation at shock waves

Shallow separations at the trailing edge and in the cove region

of gupercritical airfoils

Reynolds number and boundary layer transition location

Infinite yawed wing results including 2-D cages

Fully conservabive (FCR) and non-conservative (NCR) invisecid so-
luticn procedures

Modified small disturbance theory (MSD) or classical small distur-
bance theory governing equations (CSD)

Riegels' Rule effects

Bedy effects on wing pressures, including simple area ruling
effects via body lines input, or detailed fuselage effects via
body slope input

Fully three-dimensicnal boundary layer predictions via automatic

datas set-up for the new boundary layer program written during the

present effort.

In order to provide a user-oriented program the fcllowing special pro-

visiohs were included:

o]

A complete visualization of the program input and resultis are avail-

able via the automated graphics package.
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o’ An internal check is made of input data sets for consistency, and
the program stops when the solution is either converged or encoun-
tering difficulties in order toc conserve computing time.

The resulting computer code was applied to numerocus configurationg,
wherein the identical code was used for each case without any special
"tuning".

The conclusions resulting from these studies can be summarized as
follows:

o For relatively simple conceptual type aircraft configurations, the
program provides excellent results for a wide range of Mach numbers,
sweep angles and taper ratios.

0 The agreement with the advanced technology transonic transport re-
sults provide confidence in the program for transport type airecraft

0 Advanced technology fighter configurations present special problems
which still require some resolution, such as the detailed treatment
of wing-glove-body blending. Nevertheless, encouraging results have
been obltained in several instancesalthough in many cases a number of com-
plicating factors prevent a final determination of the source of
the disagreement.

Perhaps the single most important result of thig effort has been
the develcopment of a code which allows the routine use of the new 3-D
trangonic methods outside of g few government and industrial research
labs. The present code and its documentation provides a baseline upon
which an aerodynamicist has extreme flexibility to investigate both
aerodynamic configurations and program modifications. The resulting

program should have major impact on the design of advanced aircraft.
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SECTION IV

RECOMMENWDATIONS FCR FUTURE WORK

Due to the extremely brcad range of aerodynamic effects investi-
gated in the present work, the recommendation for future work tends
to be all encompassing. The various requirements can be divided be-
tween basic research, general requirements for aerodynamic cecde develop-
ment and specific extensions and investigaticns related to the present
program.

Baslce resgearch programs which would have a direct application to
the computation of transonic flowfields over wing-body configurations
are:

o A baseline experimental three-dimensionsl boundary layer study
for a typical supercritical wing body combination., This study
1s reguired in order to validate the Tully three-dimensional boun-
dary layer prediction methods and to assess the range of applicabil-
ity of the more approximate methods such as the infinite swept
wing strip boundary layer approach.

o} Basic theoretical work in the area of separated flows is required,
with the specific goal of producing raticnal engineering methods
that could be incorporated intc codes designed along the lines of
the present program. This work should include the calculation of
the three-dimensional viscous wake downgtream of finite wings.

o] Basic numerical regsearch into the acceleration of the inviseid
solution process ig required in order to reduce the computational
cost of the calculation.

General requirements for future computational aerodynamic code

development should include:

o A uniform input format for body and wing geometry should be
adopted,
o Standard output format and nomenclature should be adopted.

Specific extensions of the presgent code that would prove in-

valuable in the future use of the method include:
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o] A general re-examination of the body-glove~wing juncture, and
the mepping bending near the body is needed in order to improve
the quality of the loeal solution.

o Geometric extensions to the configurations that can be handled
should be considered. Many advanced technology configurations
will require the explicit treatment of canards and winglets. 1In
addition, nacelle inlet effects are usually required in order to
perform detailed transonic wing designs. These features will have
to be incorporzted if the program is to fully supplant the present
day panel metheds as a design tool at transonic speeds.

o] Steady state aeroelastic effects must be included when computing
the transonic fiow over modern aircraft. The wing deflection
could be incorporated at the same time the boundary layer correc-
tions are made with a minimun of additional computational effort.
Thig would greatly enhance the general utility of the code.

o] The restriction to Mach numbers less then one is not a basic limit-
ation of any of the methods, and the code could be extended to the
upper transonic regime (M=1.25) without difficulty. This extension
would complete the bridging of the linear subsonic and supersonic
regimes so that there would be no "gaps" in the range of Mach numbers
over wnich routine aerodynamic predictions can be made.

o Substantial reductions in the real and computationazl time required
for wing design work could be achieved by the incorporation of some
design options intc the program. The options should include lceal
inverse solution capability, and a simple application of the geo-
metry alteration iteration procedures analogous to those in op-
timization techniqgues.

Although the program outlined above is somewhat ambitious it does in

faet reflect the broad scope of the effort undertaken in the present program.

200



10.

11,

REFERENCES

Ballhaus, W. F,, Bailey, F. R. and Frick, J., "Improved
Computational Treatment of Transonic Flow About Swept Wings,"
Advances in Engineering Sciences, NASA CP-2001, 1976.

Morman, E. M., and Cole, J. D., "Caleculation of Plane Steady
Transonic Flow," ATAA Journal, Vol. 9, No. 1, Jamuary 1971,
pp. 114-121,

Jameson, A., "Transonic Flow Calculabtions for Airfoils and Bodies
of Revolution," Grumman Aerodynamics Report 390-71-1, December

1971.

Bavitz, P., "An Analysis Method for Two-Dimensional Transonic
Viscous Fiow," NASA TN-D-7718, January 1975.

Melnik, R. E., Chow, R. and Mead, H. R., "Theory of Viscous
Transonic Flow Over Airfoils at High Reynolds Number," ATAA
Paper No. 77-630, June 1977.

Jameson, A., "Tterative Solution of Transonic Flows Over
Airfoils end Wings," Comm, Pure Appl, Math., Vol. 27, 197k,
pp. 283-309.

Hall, M. G. and Firmin, M. C. P., "Recent Development in
Methods for Calculating Transonic Flows Over Wings," TCAS
Paper No, T4-18, August 197k.

wehmidt, W. and Vanino, R., "The Analysis of Arbitrary Wing-
Body Combinations in Transonic Flow Using a Relaxation Method,"
symposiwe Transsonicum IT, Springer~Verlag, Berlin, 1976, pp.
523-532,

Lomax, H., Bailey, F. R. and Ballhaus, W. F., "On the Numerical
Simulation of Three-Dimensional Transonic Flow with Application
to the C-1h1," NASA TN-D-6933, 1973.

Boppe, C. W., "Calculation of Transonic Wing Flows by Grid
Fmbedding," ATAA Paper No. 77-207, January 1977.

Nash, J. . and Scruggs, R. M., "An Implicit Method for the
Calculation of Three-Dimensional Boundary Layers on Finite,
Thick Wings," Sybucon Report SYB-76-102, August 1976 (also
issued as Vol. ITI of the present report).

201



12.

13.

ik,

15.

16.

17,

28.

19.

20.

2l.

22,

23.

Hedman, S. G., "Pressure Distributions for a Swept Wing-Body
Configuration Cbtained from Coupling Transonic Potential Flow
Calculations and Boundary Layer Calculations,"” Prediction of
Aerodynamic Lozding, AGARD-CP-20), February 1977.

Kordulla, W., "Investigations Related to the Inviscid-Viscous
Interaction in Transonic Flows About Finite 3-D Wings," AIAA
Paper No. 77-209, January 1977.

Ballhaus, W. F., "Scme Recent Progress in Transonic Flow Com-
putations." VKI Lecture Series in Computational Fluid Dynamics,
Von Karman Institute for Fluid Dy amics, Rhode-8t.-Genese,
Belgium, March 1976.

Krupp, J. A., "The Nunerical Calculation of Plane Steady
Transonic Flows Past Thin Lifting Airfoils,” Beeing Scientific
Research Laboratories, Di80-12958-1, June 1971

Klunker, E. B., "Contribution to Methods for Calculating the
Flow About Thir Lifting Wings at Transonic Speeds -~ Analytical
FExpression for the Far Field," NASA TN-D-6530, 1971.

Jameson, A., "Transonic Flow Calculations,” VKI Tecture Series
in Computational Fluid Dynamice, Von Karman Institute for Fluid
Dynamics, Rheode-St. Uenese, Belgium, March 1976.

Jameson, A., "Numericel Solution of Nonlinear Partial Differen-
tial Equabions of Mixed Type," in Numerical Solution of Partial
Differential Equations ITIT, Academic Press, New York, 1976, p.
275-320.

Van Dyke, M. D., "Second-Order Subsonic Airfoil Theroy Including
FEdge Effects,” NACA R-1274, 1956.

Keyfitz, B. L., Meinik, R. E. and Grossman, B., "The Leading
Edge Singularity in Transonic Small-Disturbance Theory,"
Grummsn Research Department Report RE-525, October 1976.

Jameson, A. and Caughey, D. A., "A Finite Volume Method for
Transonic Potential Flow Calculation,” ATAA Paper No. 77-635,
June 1977.

Bradshaw, D., Mizner, G. A. and Unsworth, K., "Calculation of
Compressible Turbulent Boundary Layers on Straight-Tepered
Swept Wings," ATIAA J., March 1976, p. 399-400.

Moore, F. K., "Three Dimensional Boundary Layer Theory,"
Advances in Applied Mechanics, Vol, IV, Academic Press, New
York, 1956, p. 187-191.

202



ol

25.

26.

27.

28.

29.

30.

31.

32.

33.

3k,

35.

36.

Nash, J. F. and Scruggs, R. M., "Three-Dimensional Compressible
Boundary Layer Computations for a Finite-Swept Wing," NASA
CR-112158, 1972.

Nash, J. F. and Tseng, R. R., "The Three-Dimensional Turbulent
Boundary Tayer on an Infinite Yawed Wing," The Aeronautical
Quarterly, November 1971, p. 3L6-362.

Bradshaw, P., and Ferriss, D. H., "Calculation of Boundary
Layer Development Using the Turbulent Fnergy Equation.
Compresgible Flow on Adiabatic Walls," J. Fluid Mech, Voi. 46,

1971 p. 83.

Kuethe, A. M., McKee, P, B. and Curry, W. H., '"Measurements in
the Boundary lLayer of a Yawed Wing," NACA TN-1946, September 1049,

Altman, J. M. and Hayter, N. F., "A Comparison of the Turbulent
Boundary Layer Growth on an Unswept and Swept Wing," NACA TN 2500,
September 1951,

Adams, J. C., Jr., "Numerical Calculation of the Subsonic and
Transonic Turbulent Boundary Layer on an Infinite Yawed Airfoil,"
AEDC-TR-73-112, July 1973.

Bradshaw, P., "Calculation of Three-Dimensional Turbulent
Boundary Layers," JFM, Vol. L6, Pt. 3, p. 417-4Ls, 1971

Prandtl, L., "The Mechanics of Viscous Fluids," Aerodynamic
Theory, W. F. Durand, Ed. Springer, Berlin, Vol. 3, p. 90, 1935.

Baver, F. and Korn, D., "Computer Simulation of Transonic Flow
Past Airfoils with Boundary Layer Correction,"” AIAA Znd Compu-
tational Fluid Dynamics Conference Proceedings, June 1975.

Preston, J. H., "The Effect of the Boundary Layer and Wake on
the Flow Past A Symnetrical Airfoil at Zero Incidence,"
ARC R&M No, 2107, July 1645,

Lighthiil, M. J., "On Displacement Thickness," JEM, Vol. 4, 1958,
r. 383-392,

Pinkerton, R. M., "Calculated and Measured Pressure Distributions
Over the Mid-Span Section of the NACA WLl12 Airfoil," NACA
Report No. 563, 1936.

Rogers, E, W. L., and Hall, I. M., "An Introduction to the Flow

about Plane Swept-back Wings at Transonic Speeds,' Journal of
the Royal Aeronautical Society, Vol. é4, No. 596, August 1950.

203



37.

38.

39.

Lo.

L1,

he,

L3,

e

Lbs.

L6,

L7,

hg,

Maskew, B, and Dvorak, F. A., "Investigations of Separation

Models for the Prediction of CL ," AHS Preprint 77.33-01,
MAK

May 1977.

Milgram, J. H., "Calculation of Attached or Partially Separated
Flow Around Airfoil Sections," Journal of Ship Research, Vol, 2,
No. 2, June 1977, p. 63-81.

Green, J. T., "A Discussion of Viscous-Inviscid Interactions at
Trangonic Speeds," RAE TR 720 50, May 1972.

Pearcey, H. H., Osbourne, J. and Haines, B., "The Interaction
Between Local Effects at the Shock and Rear Separation,"” AGARD

CP No. 35, 1978.

Cebeci, T., Kaups, X., and Ramsey, J. P., "A General Methoi for
Caleculating Three-Dimensional Compressible Laminar and Turbulent
Boundary Layers on Arbitrary Wings," NASA Report CR 2777, 1977.

Piers, W. J., Schipholt, G. J. and van den Berg, B., "Calculation
of the Flow Around a Swept Wing, Taking into Account the Effect
of the Three-Dimensicnal Boundary Layer," NLR, TR 75076 U,

May 1975.

Rose, W. C., and Seginer, A. '"Calculation of Transonic Flow
Over Supercritical Airfoil Sections", ATAA Paper No. 77-631,
June 1977.

Yoshihara, H. and Zonars, D., "An Analysis of Pressure Disbribu-
tions on Planar Supercritical Profiles With and Without Jet
Flaps at High Reynclds Numbers,' GDCA-ERR-168L, December 1971.

Inger, G. R. and Mason, W. H., "Analytical Theory of Transonic
Noermal Shock-Turbulent Boundary Layer Interaction,” AIAA J.,
Vol. 14, No. 9, September 1976, p. 1265-1272.

Murman, E. M. and Cole, J. D., "Inviscid Drag at Transonic
Speeds," ATAA Journal, Vol. 9, No. 1, January 1971

Cele, J., D., "Perturbaticon Methods in Applied Mechanics,"
Ginn-Blaigdell, 1950.

Ballhaus, W, F. and Bailey, F. R., "Numericsal Calculation of
Transonic Flow About Swept Wings," AIAA Paper 72-677, June 1972,

Addison-Wesley, 1955.

20k



50.

51,

52,

53

5k,

55,

57.

58.

59.

61.

52,

Ven Der Vooren, J., 8loof, J. W., Huizing, G. H. and Van Essen,
A., "Remarks On the Suitability of Various Transonic Small
Perturbation Equations to Describe Three-Dimensional Transonic
Flow; Examples of Computationg Using A Fully-Conservative
Rotated Difference Scheme," Symposium Transoaiccum IT.

Nash, J. F., "The Calculation of Three-Dimensional Turbulent
Boundary Layers in Incompressible Flow," JFM, 37, Pt. L, p. 625.

Monnerie, B., "Etude experimentale d'ume aile en fleche dans le
damaine trangsonique. Paper presented at Euromech LO, Steckholm,

1973.

Treadgold, D., Jones, A. T,, "An Outline of the Research Program
on Swept Wings in the RAF Eight Foot By Six Foot Transcnic Wind
Tunnel," RAE Technical Memorandum Aero 1282 (1971).

Williams,C. V., "An Investigaticn of the Effects of a Gegmetric
Twist on the Aerodynamic Loading Characteristics of g L5
Sweptback Wing-Body Configuration at Transonic Speeds,"

NACA RM LSLH18, 195k,

Runckel, J. F. and Lee, E. E., Jr., "Investigation of Transonic
Speeds of the Loading Overa 450 Sweptback Wing Having an Aspect
Ratio of 3, Taper Ratio of .2, and NACA 658004 Airfoil
Sections,"” NASA TN D-712, 1941.

Loving, D. L. and Estabrocks, B. B., "Transonic Wing Investiga-

tion in the Langley Eight Fool High Speed Tunnel at High
Subsonic Mach Numbers and at  Mach Number of 1.2," NACA RM

L51F07, 1951.

MeDevitt, J. B., "An Experimental Investigation of Two Methods
for Reducing Transonic Drag of Swept Wing and Body Combinations,"
NACA RMAS5B21, April 1955,

Spacht, G., Grumman Aerospace Corporation, perscnal communication,
June 1977.

Keener, E. R., "Pressure Measurements Obtained in Flight at Transonic
Speeds for a Conically Cambered Delta Wing.' NASA TM X-L8, October 1959.

Unpublished Data, Grumman Aerospace Corporation, 1977.
Unpublished Data, Grumman Aerospace Corporation, 1975.

Cosenza, C. J. and Kumeth, L, J., "Transonic Aircraft
Technology (TACT) Program,' ATAA TU-620, July 1974.

205



63.

a7,

63.

63.

70.

Dickey, D., "Transonic Aircraft Technology TACT Aircraft-
Geometric Charscteristics,” MAIR-595-1G, August 1973.

Personal communication, TACT Office AFFDL/FXS, WPAFE, Chio,
May 1977 (Aerocelastic Twist).

Personal communication, TACT Office AFFDL/FXS, WPAFB, Chio,
May 1976 (Flight Pressures).

Personal communication, TACT Office AFFDL/FXS, WPAFB, Ohio,
May 1977 {(Wind Tunnel Pressures).

Supercritical Wing Technology -- A Progress Report on Flight
Evaluations. NASA SP-301, 1972,

Harris, C. D. and Bartlett, D. W., "Tabulated Pressure Measure-
ments on a NASA Supercritical-Wing Research Airplane Model with
and Without Fuselage Area-Rule Additions at Mach .25 to 1.00,"
NASA T™M X-263L, 1972.

Harris, C. D., "Wind-Tunnel Measurements of Aerodynamic Load
Distribution on a NASA Supercritical-Wing Research Airplane
Configuration," NASA T™M X-2469, 1972.

Montoya, L. C. and Banner, R. D., "F-8 Supercritical Wing Flight
Pressure, Boundary Layer and Wake Measurements and Comparisons
with Wind Tunnel Daba,' NASA TM X-354L4, March 1977.

7Ll.

72.
73.

7.

5.

75,

Wennagel, G., Loshigian, H. and Rosenbaum, J., "RAVES - Rapid
Aerospace Vehicle Evaluation System," ASME Winter Annual
Meeting, Houston, Texas, 1975.

Yasaki, E. K., "Super-Super Computer," DATAMATION, March 1977.

Vachris, A. F. and Yaeger, L. 8., "QUICK-~GEOMETRY -- A Rapid
Response Method for Mathematiczlly Modeling Configuration
Geometry," NASA 8P-390, October 1975.

Craidon, C., "Description of a Digital Computer Program for
Airplane Configuration Plots," NASA TM X-2074, 1970.

Marconi, . and Yaeger, L., ''Development of A Computer Code
for Calculating the Steady Super/Hypersonic Inviscid Flow
Around Real Configurationg,” Volume II, Code Description,
NASA CR-2676, May 1976.

Carlson, H. W. and Middleton, W. H., "A Numerical Method for
The Design of Camber Surfaces of Supersonic Wings with Arbitrary

Planforms," NASA TN-D-2341, 1964.

206



.

78.

79.

80.

81.

82.

83.

8l

85.

86.

87.

88.

89.

90.

CISE Methodeclogy, Grumman Aerospace Engineering Report
WD 997R-128, August 1976 (Proprietary).

Vanderplaats, G. N., "Automated Optimization Technigues for
Aircraft Synthesis," ATIAA Paper No. 76-909, September 1976.

Miele, A. (Ed.), Thecry of Optimum Aerodynamic Shapes, Academic
Press, New York, 1965.

Thwaites, B. (Ed.), Incompressible Aerodynamics, Oxford University
Press, Oxford, 1960.

Trenen, T. L., "A Rapid Computer Aided Transonic Airfoil Design
Method,' AIAA Paper No. 74-501, June 197h.

Volpe, G., "Recent Advances in Airfoil Analysis and Design,”
Grumman Aerodynamics Memorandum 75-27, February 1975.

Carlgon, L. A., "Transonic Airfoil Analysis and Design Using
Cartesian Coordinates,” ATAA 2nd Computational Fluid Dynamics
Conference, June 1975.

Hicks, R. M., Murman, E, M. and Vanderplaats, G. N., "An
Assessment of Airfoil Design by Numerical Optimization,”
NASA TM X-3092, July 1974.

Vanderplaats, G. N, and Hicks, R. M., "Numerical Airfoil
Cptimization Using a Reduced Number of Design Ccordinates,”
NASA TM ¥-73151, July 1976.

Bawer, F., Garabedian, P, and Korn, D., Supercritical Wing
Sectiong, Springer Verlag, Berlin, 1972.

Hicks, R. M. and Vanderplaats, G. N., "Applicatim of Numerical
Optimization to the Degign of Supercritical Airfoils without
Drag-Creep,"” SAE Paper 770440, April 1977.

Gingrich, P, B,, Child, R. B. and Panageas, G. N., "Aerodynamic
Configuration Development of the Highly Maneuverable Aircraft
Technology Remotely Piloted Research Vehicle," NASA CR-1h38L1,
June 1977.

Tulinius, J. R. and Margason, R. J., "Alrcraft Aerodynamic .
Designed Evaluation Methods,” AIAA Paper No. 76-15, January 1976.

Steger, J. L. and Klineberg, J. M., "A Finite Difference Method
For Transonic Airfoil Design,” AIAA Journal, Vol, 11, No. 5,

May 1973.

207



9lL.

92,

93.

aly,

95.

96.

Schmidt, W. and Hedman, S., "Recent Explorations in Relaxation
Methods for Three-Dimensicnal Transonic Potentiasl Flow,' ICAS
Paper 76-22, October 1976.

Haines, A. B., "Aerodynamics," Aeronautical Journal, July 1976,

pp. 277-293.

'

Hicks, R. and Henne, P. A., "Wing Design by Numerical Optimization,'
ATAA Paper No. 77-1247, August 1977.

Sloof, J. W., "Wind Tunnel Tests and Aerodynamic Computations;
Thoughts on Their Use in Aerodynamic Design.”

Haines, A. B., "Computers and Wind Tunnelg Complementary Aids to
Aircraft Design,"” Aeronautical Journal, July 1977.

Haines, A, B., '"Wing Section Design for Swept-Back Wings at Transonic
Speeds,” Journal of the Royal Aeronautical Society, Vol. 61, April
1957, pp. 238-2hh.

208

#U.S5.Government Printing Office: 1978 — 757-080/522



